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Abstract—This thesis takes a closer look at the complex 

maneuver known as gravity assist, a popular method of 

interplanetary travel. The maneuver is used to gain or lose 

momentum by flying by planets, which induces a speed and 

direction change. A simulation model is created using the 

General Mission Analysis Tool (GMAT), which is intended to be 

easily reproduced and altered to match any desired gravity 

assist maneuver. The validity of its results is analyzed, 

comparing them to available data from real missions. Some 

parameters, including speed and trajectory, are found to be 

extremely reliable. The model is then used as a tool to investigate 

the way that different parameters impact this complex 

environment, and the advantages of performing thrusting burns 

at different points during the maneuver are explored. According 

to theory, thrusting at the point of closest approach to the planet 

is thought to be the most efficient method for changing speed 

and direction of flight. However, the results from this study 

show that thrusting before this point can have some major 

advantages, depending on the desired outcome. The reason 

behind this is concluded to be the high sensitivity of the gravity 

assist maneuver to the altitude and location of the point of closest 

approach. 

 

Sammanfattning— Detta examensarbete tittar närmare på 

den komplexa manöver inom banmekanik som kallas 

gravitationsassisterad manöver, vilken är vanligt 

förekommande vid interplanetära rymduppdrag. Manövern 

används för att öka eller minska farkostens rörelsemängd 

genom att flyga förbi nära planeter, vilket ger upphov till en 

förändring i fart och riktning. En simuleringsmodell är skapad 

i NASAs mjukvara GMAT med syftena att den ska vara 

reproducerbar samt möjlig att ändra för olika 

gravitationsassisterade manövrar. Resultaten från 

simuleringarna är validerade mot tillgängliga data från riktigt 

rymduppdrag. Vissa parametrar, som fart och position, har en 

väldigt bra överenstämmelse. Modellen används sedan för att 

noggrannare undersöka hur olika parametrar påverkar det 

komplexa beteendet vid en graviationsassisterad manöver, 

genom att specifikt titta på effekterna av en pålagd dragkraft 

från motorn under den gravitationsassisterade manövern. 

Teoretiskt fås mest effekt på fart och riktning om dragkraften 

från motorn läggs på vid punkten närmast planeten. Resultaten 

från denna studie visar att beroende på vilken parameter man 

vill ändra så kan man erhålla mer effekt genom att lägga på 

dragkraften innan den närmsta punkten. Förklaringen till detta 

är att den gravitationsassisterade manövern är väldigt icke-

linjär, så en tidigare pålagd dragkraft kan kraftigt förändra 

farkostens bana nära planeten, så att farkosten t.ex. kommer 

närmare och då påverkas mer. 

 
Index Terms—B-Plane, Gravity assist maneuver, 

Interplanetary orbit transfer, Oberth effect, Periapsis, 

Simulation model, Space exploration, Trajectory planning. 

 

LIST OF ACRONYMS 

AU  Astronomical Unit 

ESA  European Space Agency 
GMAT General Mission Analysis Tool 

GUI   Graphical User Interface 
JPL  Jet Propulsion Laboratory 
NAIF  Navigation and Ancillary Information Facility 

NASA National Aeronautics and Space Administration 

SOI   Sphere of Influence 
TCM  Trajectory Correction Maneuver 

TRL   Technology Readiness Level 

I. INTRODUCTION 

ITH the advent of space exploration, dreams of visiting 

and perhaps even colonizing the planets in our Solar 

System began running wild. The techniques for space travel 

known at the time, however, predicted a much gloomier 

future. Since the 1920s, the method considered as the state of 

the art for travelling from one planet to another was the 

creation of Walter Hohmann, who discovered the lowest 

energy path between any two planets [1]. This path consisted 

of an ellipse tangent to both orbits, and defined the minimum 

departure velocity from Earth that a satellite would need in 

order to reach its target. One problem became evident when 

comparing these “minimum energies” to the capabilities of 

chemical rockets available at the time. Not only were they 

incapable of sending a satellite past Jupiter, but doing so 

would implicate excessive travel times, such as a 30-year 

travel to Neptune [2]. 

But this would all change in the summer of 1961. A young 

mathematician by the name of Michael A. Minovitch, hired 

for the summer at the NASA Jet Propulsion Laboratory (JPL), 

discovered a way of approaching planetary mission design 

that would revolutionize the space community, and open the 

door to outer planets exploration [2]. He explored the 

potential of using the gravitational fields of celestial bodies 

to the advantage of the mission, as opposed to considering 

them a nuisance to be countered with propulsion. He proved 

that travelling close to planets could be used to gain speed 

without the use of any thrust. If planned accurately, the 

resulting velocity could be directed towards a second planet, 

where the process could be repeated. This method meant a 

huge step forward in dealing with the two main challenges for 

space exploration. The propellant needed to reach the outer 

planets was highly reduced, allowing for a satellite to aim for 

the nearest celestial body, and letting its gravitational field 

boost it to the subsequent ones. But the travel times were also 

decreased, to the point that planets could be reached in less 

than half the travel times that were previously obtained 
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through the Hohmann transfer. 

Gravity assist maneuvers, while now being commonly 

used for outer solar system missions, present a challenging 

problem to most engineers. The complexity of the system 

where all parts are moving, combined with the precision 

needed to perform the desired maneuver, pose a great 

challenge. This project intends to find a software capable of 

recreating this maneuver, and to create a method to allow the 

reader to systematically be able to simulate simple and 

complex gravity assist maneuver missions. Once the 

simulation process is achieved and validated, it is used to 

investigate the impact in trajectory deviation of several 

factors and to find the most efficient ways of thrusting during 

a planetary flyby maximizing the impact on the desired 

trajectory modification. 

II. HISTORY 

Human technology has now been able to reach all the 

planets in the Solar System, which is a magnificent feat that 

did not seem within reach one hundred years ago. The vast 

distances to cover, paired with the immense amounts of 

energy necessary to do so, presented one of the most 

challenging endeavors that humanity had ever encountered. 

Additionally, each planet presented its own set of challenges, 

as the celestial body’s properties, location, and surroundings 

were unique and, in some cases, not fully known. The 

approach to exploring each of them would certainly be 

different but, since the concept was brought up by Minovitch 

in 1961, gravity assist maneuvers have been a key element 

that space mission designers have been able to rely on. To this 

day, all planets have been reached at least once with missions 

involving this maneuver, and some of them have been 

exclusively reached in this way. 

A. First Steps 

It is worth mentioning that, before the concept of gaining 

velocity by using a celestial body’s gravitational field was 

created, other missions used similar concepts to their benefit. 

The first time that gravity was used to shape the mission 

trajectory was in fact two years before Minovitch’s discovery. 

In 1959, the Soviet Union launched their spacecraft Luna 3 

[3] towards the Moon, where it would use the natural 

satellite’s gravitational pull to fly around its far side, and then 

come back to Earth. The objective was to capture, for the first 

time, images of the dark side of the Moon. The satellite did 

not gain any speed from the encounter, but it did obtain an 

essential trajectory deviation, allowing for the photographs to 

be transmitted over to ground stations once it flew over the 

Earth once again. 

B. Terrestrial Planets 

The four innermost planets in the Solar System – Mercury, 

Venus, Earth and Mars – are classified as terrestrial planets. 

This is due to their compact and rocky surface, which 

resembles that of Earth [4]. All of them, except for Mercury, 

present an atmosphere. Compared to the outer planets, they 

are all located considerably close to the Sun, with orbit 

distances between 0.39 AU for Mercury to 1.5 AU for Mars. 

The two closest planets to Earth – Venus and Mars – were 

first visited in 1962 and 1965, respectively, by the spacecraft 

Mariner 2 and Mariner 4. They followed a direct trajectory, 

not having any planets along the way for gravity assist. 

The first time that Minovitch’s gravity assist maneuver was 

performed was in 1973, when the United States of America 

launched the Mariner 10 space probe [2]. The spacecraft 

travelled to Venus using a Hohmann transfer ellipse, where it 

performed a gravity assist maneuver towards Mercury. It was 

the first spacecraft to visit the closest planet to the Sun, and 

in fact the gravity assist was used to slow down the spacecraft, 

in order to align the new perihelion with the orbit of Mercury. 

The mission was a success, and it confirmed the benefits of 

using the gravitational force of celestial bodies to favor space 

mission design by greatly decreasing the ΔV budget. 

The only other orbital probe sent to Mercury, 

MESSENGER, took place more recently, launching in 2004 

and entering its orbit in 2011. The mission included gravity 

assist maneuvers at Earth, Venus, and three of them at 

Mercury itself, fully taking advantage of the ΔV obtained at 

each one. This shows that gravity assist maneuvers are, to this 

day, the preferred method of travelling large distances 

through Space. 

C. Jovian Planets 

The outermost planets of the Solar System – Jupiter, 

Saturn, Uranus and Neptune – are often named Jovian 

Planets. This is due to their size, gigantic compared to Earth. 

The first two present a mixture of gases instead of a solid 

surface, and the latter two are composed of enormous 

amounts of solid ice. This also grants them the name of Gas 

giants and Ice giants. In comparison with the inner planets, 

these are located much further apart from each other, at 5.2 

AU (Jupiter), 9.5 AU (Saturn), 19.2 AU (Uranus) and 30.1 

AU (Neptune) [4]. This presents a much greater challenge for 

space exploration, due not only to the distance to be travelled 

by spacecraft, but also to the slow orbital period of these 

planets (i.e.: Neptune orbits the Sun once every 165 years). 

Jupiter, much like Mars and Venus, was initially reached 

with a direct trajectory in 1973 by the space probe Pioneer 10 

[5]. The Pioneer 11 however, launched in that same year, 

would be the first probe to reach Saturn in 1979, performing 

along the way a gravity assist maneuver at Jupiter that would 

prove immensely effective. The full potential of gravity assist 

maneuvers was evidenced in a later mission, that launched in 

1977. NASA’s Voyager 2 set out on a mission that would take 

it to Jupiter, Saturn, Uranus and Neptune, obtaining a boost 

in velocity at each flyby and becoming the first spacecraft to 

reach the latter two planets. Voyager 2 obtained a total speed 

increase of more than 15 km/s, reaching Neptune in 1989, just 

12 years after launch. To put this into perspective, a single 

Hohmann transfer to Neptune would have taken 30 years, and 

a continuous trip through the four planets using this method 

of interplanetary travel would have taken more than 100 

years. This mission also proved that complex space 

trajectories could be accomplished, while keeping the fuel 

requirements to a minimum, since Voyager 2’s ΔV budget 

was reduced to small corrections around the gravity assist 

maneuver events. 

III. THEORY 

The main concept of gravity assist maneuvers is that, by 

carefully planning a spacecraft trajectory, a close flyby of a 

planet can be used to change the spacecraft direction of 
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motion, as well as provide with a significant boost in speed. 

However, this phenomenon can, at first, seem like it is 

breaking the law of conservation of energy. According to this 

law, the spacecraft should speed up while approaching the 

planet. This process would begin once the spacecraft has 

entered the planet´s sphere of influence (SOI), which is the 

spatial region inside of which the primary gravitational pull 

is that of the planet. But once the spacecraft passes the planet, 

it should start decelerating, to the point where, upon leaving 

the planet’s SOI, the final velocity is the same as the initial 

one, at least in magnitude. This remains true in gravity assists, 

so how can the increase in velocity be explained? 

The key to understanding how this occurs is to consider the 

problem from two different reference frames: the planet 

frame and the Sun frame [6]. In the planet frame, the 

corresponding planet is placed at the center and does not 

move throughout the event. The satellite, as mentioned 

before, increases its speed by converting potential energy into 

kinetic energy. Once it surpasses the planet, the process is 

reversed, and the satellite loses speed to, finally, obtain the 

same velocity as it initially had. The direction of the satellite 

does change, and the amount of deflection is directly related 

to how close to the planet it travelled. In the Sun frame, 

however, the setup is different. Here, both the planet and the 

satellite are moving around the coordinate system’s center, 

the Sun. When the satellite performs the flyby, part of the 

momentum of this planet around the Sun is transferred to the 

spacecraft. If the spacecraft is trailing the planet when it 

intercepts it, it will experience an increase in momentum, 

while if the spacecraft is leading the planet, it will instead lose 

momentum. Following the law of conservation of energy, the 

planet loses an equal momentum to the one provided to the 

satellite. The huge mass of the celestial body compared to the 

man-made device, however, means that the change in 

velocity that the planet experiences is negligible, while the 

satellite experiences a great boost in velocity. Therefore, the 

effect of gravity assist maneuvers is changing a satellite’s 

heliocentric speed [7]. 

Unpowered flybys follow a symmetric hyperbolic 

trajectory around the planet, as depicted in Figure 1. The 

initial velocity of the spacecraft V can be found using the 

orbital energy conservation equation (1), [8]: 

 

𝑉2 = 𝜇 (
2

𝑟
−

1

𝑎
) (1)  

 

where r is the distance to the planet, a is the semi-major axis, 

and μ is the gravitational constant of the planet. In this case, 

the hyperbolic excess velocity, 𝑉∞, is found by having 𝑟 →
 ∞, which yields (2) 

𝑉∞ = √−
𝜇

𝑎
 (2)  

 

 
Figure 1- Gravity Assist components [8]. 

 

The true anomaly of the arrival asymptote 𝜃𝑎 is found 

using (3) 

 

𝜃𝑎 = arccos (−
1

𝑒
) (3)  

 

where e is the eccentricity, obtained using (4) 

 

𝑒 = 1 +
𝑉∞

2𝑟𝑝

𝜇
 (4)  

 

The change in direction of 𝑉∞, denoted by ψ, can be 

expressed in terms of the previous parameters as (5) 

 
𝜓

2
= 𝜃𝑎 −

𝜋

2
= arcsin (

1

𝑒
) (5)  

 

Finally, the resultant change in velocity can be written in 

one of the following forms described in (6) 

 

Δ𝑉 = 2𝑉∞ sin (
𝜓

2
) =

2𝑉∞
𝑒

 (6)  

 

From this expression, we can deduce that the maximum 

change in velocity can be achieved by maximizing the 

deflection angle ψ, which is in turn maximized by minimizing 

the flyby distance 𝑟𝑝. Part of this ΔV, however, is used to 

change de direction of the motion, and therefore does not 

translate into the true speed gain. To accurately calculate the 

final speed of the spacecraft, it is possible to use a simplified 

two-dimensional model of the gravity assist. The total 

deflection and speed boost of a spacecraft flying by a planet 

can be calculated, if the initial conditions are known. In this 

case, it is necessary to know the planet and spacecraft initial 

velocities (𝑉𝑃, 𝑉𝑆) and flight path angles (𝜃𝑃, 𝜃𝑆), as well as 
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the closest approach distance (𝑟𝑝). In this case, the coordinate 

system can be chosen arbitrarily, as the results will simply 

adhere to it. The initial conditions for this dynamic model is 

represented in Figure 2. 

 
Figure 2 - Initial conditions. 

The first step in this method is to express the planet’s 

velocity vector and the spacecraft’s initial velocity in x-y 

components as (7) and (8). 

 

𝑉𝑃
⃗⃗⃗⃗ = (𝑉𝑃 cos 𝜃𝑃)𝑒𝑥⃗⃗  ⃗ + (𝑉𝑃 sin 𝜃𝑃)𝑒𝑦⃗⃗⃗⃗  (7)  

 

𝑉𝑆
⃗⃗  ⃗ = (𝑉𝑆 cos 𝜃𝑆)𝑒𝑥⃗⃗  ⃗ + (𝑉𝑆 sin 𝜃𝑆)𝑒𝑦⃗⃗⃗⃗  (8)  

 

In this case, the initial hyperbolic excess velocity in planet 

frame, 𝑉∞⃗⃗ ⃗⃗  (9), is approximately the spacecraft’s velocity 

vector relative to the planet 

 

𝑉∞⃗⃗ ⃗⃗ ≈ 𝑉𝑆
𝑃⁄

⃗⃗ ⃗⃗ ⃗⃗  ⃗ = 𝑉𝑆
⃗⃗  ⃗ − 𝑉𝑃

⃗⃗⃗⃗  (9)  

 

The magnitude of the approach velocity can be obtained by 

taking the absolute value of the vector, |𝑉∞⃗⃗ ⃗⃗ |. The initial 

approach angle according to our chosen coordinate system, 𝜃𝑖 

(10) is the angle of this relative velocity vector, obtained from 

 

𝜃𝑖 = arctan (
𝑉∞(𝑦)

𝑉∞(𝑥)
) (10)  

 

The trajectory hyperbola eccentricity e and change of 

direction ψ are obtained once again using (4) and (5). The 

departure angle (11) can be then easily calculated by adding 

the change of direction to the approach angle, 

 

𝜃𝑓 = 𝜃𝑖 + 𝜓 (11)  

 

Knowing that the spacecraft speed at the beginning of the 

gravity assist maneuver is the same as the speed when 

departing, the new components for the spacecraft velocity 

(12) can be found using the departure angle, 

 

𝑉∞⃗⃗ ⃗⃗ ′ = (𝑉∞ cos 𝜃𝑓)𝑒𝑥⃗⃗  ⃗ + (𝑉∞ sin 𝜃𝑓)𝑒𝑦⃗⃗⃗⃗  (12)  

 

The heliocentric final spacecraft velocity (13) is then 

obtained by adding the planet’s velocity again: 

 

𝑉𝑠⃗⃗⃗   ′ = 𝑉∞⃗⃗ ⃗⃗  ′ + 𝑉𝑃
⃗⃗⃗⃗  (13)  

 

With this value, we can obtain the total ΔV, which will also 

equal the result of (6), by taking the magnitude of the 

difference between the final and initial spacecraft velocity 

vectors using (14): 

 

Δ𝑉 = |𝑉𝑠⃗⃗⃗   ′ − 𝑉𝑆
⃗⃗  ⃗| (14)  

 

However, this is once again not the speed gained by the 

spacecraft, but the velocity gain from the direction and speed 

change. To obtain the velocity increase of the spacecraft, we 

must simply take the magnitude of the obtained vector, |𝑉𝑠⃗⃗⃗   ′|. 

This gives a more realistic value for the speed gain obtained 

at each gravity assist maneuver. Finally, the angle of the 

spacecraft after the encounter is found using the vector 

components as (15): 

 

𝜃𝑠′ = arctan (
𝑉𝑠 ′(𝑦)

𝑉𝑠 ′(𝑥)
) (15)  

  

IV. GRAVITY ASSIST RECREATION 

An essential part of this project is to find a software that 

can be used to run simulations of specific space missions, to 

understand the process of gravity assist maneuvers, and how 

altering different parameters can impact the result. The 

process should be straightforward enough to allow for any 

future simulations to be executed in the same way. 

A. Method 

This section begins describing the software selection 

process, and a brief introduction to the software capabilities. 

Then, the specific requirements to be achieved for the 

purpose of this project are described, followed by the 

methods to achieve them. Finally, the results obtained from 

the software simulations are gathered and evaluated. 

1) Software Requirements 

In the early stages of this project, it was necessary to carry 

out some research to explore different options available 

regarding the software that would be used to create the 

simulations. The desired software should be able to comply 

with several requirements in terms of environment and 

mission simulation. First, it should allow the user to recreate 

the space environment, containing at least the Solar System. 

Since the study will look at real past missions, the capability 

to recreate the space environment and all its elements at 

specific times, both in the past and the future, is very 

important. The software should also allow the user to create 

and customize spacecraft. These spacecraft must perform 

several missions containing gravity assist maneuvers, so the 

software should allow for the gravitational interactions and 

body gravity fields to be incorporated to the simulation. Once 

all these environment capabilities are met, it is important to 

be able to adjust trajectories, thrust impulses, and 

interplanetary transfers for the spacecraft, as well as obtaining 

output on position, velocity, travel times, and other 

interesting elements of gravity assist missions. Finally, it 

would be highly desirable for the software to present the 

aforementioned information in visual representation, to 

increase intuitive comprehension and result comparison 

between adjustments. The computational time is a secondary 

factor to consider, that should however not determine the 

software choice. 
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After looking into several space mission simulation 

software, one space mission design tool openly provided by 

NASA seemed to fulfill all the requirements for the present 

project. The General Mission Analysis Tool (GMAT), a free 

and open source platform for modeling and optimizing 

spacecraft trajectories in several regimes, including 

interplanetary trajectories and other deep space missions [9], 

appeared to be the most capable of the available options. 

Having considered the requirements established and the 

attributes of all the software examined, GMAT was the 

chosen platform for space mission and maneuvers simulation 

for the project.  

2) Software description 

Before proceeding to the software use and method section, 

it is helpful to include a brief overview of the GMAT platform 

and its capabilities. GMAT is a tool that started development 

in 2002 [10] and was first operationally ready released in 

2013. As mentioned earlier, it is a free and open source 

platform used for orbit design, optimization, and launch 

window analysis, among many other applications. It has a 

Technology Readiness Level (TRL) of 9 [10], and has been 

used in nine NASA missions, as well as by other entities such 

as Boeing, the European Space Agency (ESA), and JPL. 

GMAT therefore offers an extensive bibliography of 

documents to aid in the understanding and first use of the 

platform, including a user guide, mathematical specifications, 

and a training manual with some basic tutorials. 

GMAT presents two synchronized interfaces for the user 

to operate the platform: a graphical user interface (GUI), and 

a script language, with syntaxis similar to that of MathWorks’ 

MATLAB language [11]. Using the GUI, the process is 

divided into three categories: 

1) Resources. These include spacecraft, burns, 

optimizers, propagators, etc. created by the user as the 

elements that will compose the mission. 

2) Mission. Here, the sequence of commands that shape 

the mission is defined. Every command or action is 

linked to an element from the resources section. 

3) Output. This section, populated after the mission is 

executed, contains all the output products defined 

during the mission. These include measurements, 

plots, orbit views, and other valuable data from the 

executed sequence. 

While running a mission, GMAT displays animated 

trajectory views to show its evolution over time. These 

animations are interactive and serve as a valuable tool for 

understanding the process and can be customized to show the 

aspects of most interest. The process of creating resources, 

defining a mission and reading the outputs is explained in 

detail in the method section. 

3) Simulation Method 

As an introduction to the GMAT software, the literature 

provided was studied, and the tutorials available were carried 

out. These included simple operations, such as simulating 

orbits, orbit transfers, and orbit alterations using finite and 

impulsive burns. They served as a solid base upon which to 

expand into more complicated missions, with a progressive 

learning curve along the way. Noticeably, there are no 

tutorials or sources found on how to simulate gravity assist 

maneuvers on GMAT. This section first describes the overall 

process for setting up and running a mission involving a 

gravity assist maneuver, before going into further detail for 

the specific missions recreated. 

The first step for simulating a specific past mission is to 

conduct research to find the spacecraft specifications, the 

mission timeline, and the key elements that the simulation 

should maintain its fidelity to. A good goal for a gravity assist 

maneuver mission would be to achieve the same distances to 

the planets targeted, on the exact dates, whilst maintaining a 

reasonable fuel consumption. Once this information is 

gathered, the GMAT simulation can be created. 

First, the resources for the mission are created. These are 

the elements which will compose and shape the mission. 

1)  Spacecraft. GMAT allows for extensive detailing of the 

spacecraft specifications: 

- Orbit. The orbit is defined by selecting an Epoch 

(Gregorian, Modified Julian, etc.), as well as a coordinate 

system. Then, the elements of the orbit are input in the 

state type of choice (Keplerian, Cartesian, etc.). The 

attitude of the spacecraft can also be determined. This 

defines the orbit and initial state of the spacecraft. 

- Physical specifications. GMAT can read input files 

containing the solar pressure and aerodynamic drag of 

specific spacecraft. If not available, these values can be 

inputted manually, together with dry mass of the system, 

drag area, reflectivity coefficient, etc. 

- Hardware. Here, elements like fuel tanks, thrusters, and 

power systems can be included. Tanks can be detailed 

selecting pressure, volume, and fuel, including its mass, 

density and temperature. Thrusters can be chemical or 

electric. The axis of thrust can be defined, as well as mass 

decrement or power configuration, respectively. Solar 

power systems are highly customizable, including power 

levels, decay rate and margins, and shadow bodies for the 

mission. 

- SPICE. It is worth mentioning that GMAT allows for 

loading SPICE files, which are files that contain 

information about spacecraft ephemeris, planet 

locations, instrument data, orientation, and events. If 

available, they are very helpful when recreating specific 

missions. 

2)  Burns. Burns consist in thrusting maneuvers, and must be 

defined prior to the mission start. They can be either 

impulsive (instantaneous) or finite. Burns must have a 

defined origin and coordinate system, and the axis can be 

defined in relation to spacecraft body, spacecraft velocity, 

nearby bodies, etc. The ΔV elements can either be specified 

or obtained during the mission through a solver. 

3)  Propagators. Propagators define the spacecraft motion. 

They use numerical integration, together with a selected 

force and gravity model, to recreate the path and behavior 

the spacecraft will present under the chosen circumstances. 

The advantage of GMAT propagators is that they can 

automatically account for solar radiation pressure and 

relativistic corrections, if desired, so no later corrections 

are needed.   

4)  Solvers. Solvers can be either boundary value solvers or 

optimizers, and use algorithms to find solutions to desired 

parameters. In this case, a Newton-Raphson solver is used 

to find the thrust values for the burns required to obtain the 

target planetary flybys. 

5)  Outputs. In this section of the resources, several outputs 

can be specified to aid in the visualization of the mission 
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and its results. The most common outputs to determine here 

are orbit views, which present an interactive view of the 

mission. These orbit views can be set up from any point of 

view, and include any range of celestial bodies, spacecraft 

and constellations. Another type of output defined here is 

XY Plots. These can be defined to plot any two elements, 

and are very helpful in the visualization of, for instance, 

velocity changes throughout the gravity assist maneuver. 

6)  Coordinate systems. When defining the mission, certain 

maneuvers or measurements will be taken from different 

coordinate systems, for convenience. These coordinate 

systems must be defined in the resources; for flyby mission, 

it is helpful to include inertial coordinate systems of the 

planets that will be visited. 

 

Now that the resources have been created, the mission 

sequence can be set up. The mission is composed by a series 

of steps, or commands, that will take place in the order that 

they are set up. The main mission commands to be used are 

the following: 

1) Propagate. The spacecraft, from the starting Epoch or the 

end of an earlier propagation, is set to move forward in 

time. Selecting a propagator and spacecraft, the 

propagation can be adjusted to be a specific duration of 

time, or set to continue until a condition is met, such as a 

specific value for a variable, or an orbital position like the 

periapsis. This last option is extremely helpful in the design 

of flyby missions, as it allows for the spacecraft to advance 

until the closest approach, and stop there for any 

measurements or maneuvers desired. 

2) Target. This is a solver that will, given some modifiable 

variables, attempt to achieve a desired state when 

performing a maneuver. In order to function, it must 

include the following three commands in its loop. 

3) Vary. This command selects the parameters that can be 

altered by the solver in order to obtain the target. An initial 

guess is allowed, as well as limits for the variable and step 

size. For most cases, the parameters altered will be the three 

thrust components of each burn. 

4) Maneuver. This command applies an instantaneous burn to 

the selected spacecraft. 

5) Achieve. This command specifies the goal for the Target 

sequence. The desired value for a parameter is defined, as 

well as the tolerance accepted. 

6) Report. This command allows for writing data into a text 

file. It is used for measuring parameters such as time, 

distances to celestial bodies, velocities, etc. and it is vital to 

check that the obtained results match the real data. 

 

The final part of the mission is the output, which gathers all 

the results defined in the resources and mission sections. Data 

tables, plots, and orbit views are collected and displayed, as 

well as a summary of the software computing process 

throughout the mission. 

Combining all these elements, a systematic approach for 

performing gravity assist maneuvers was created. Creating 

the resources varies from one case study to another, but is 

moderately intuitive. It includes creating and applying 

properties to the spacecraft, creating the necessary burns for 

Trajectory Correction Maneuvers (TCM), and defining the 

properties for propagators and solvers, as well as indicating 

the required outputs. The mission sequence for a gravity 

assist maneuver, however, is not intuitive, so the structure and 

its logic is described here, and can be seen in Figure 3. 

 

 
Figure 3 - Gravity assist mission sequence. 

First, the spacecraft is Propagated from the original point 

– where the properties of position and motion have been 

defined – to the point at which the TCM is to be performed. 

Then, a Target sequence is generated, which will contain the 

elements necessary to perform the thrust that will achieve the 

desired target. The solver method is defined in the properties 

of this Target command. Inside of this sequence, the first step 

is to include the values we want to Vary in order to obtain the 

desired point. In this case, these are the three elements of the 

TCM, which correspond to the three axes V, N and R. As 

depicted in Figure 4, V is the direction of the satellite’s 

velocity, R is the direction perpendicular to the satellite’s 

motion and radially outwards from the planet, and N is the 

third axis, normal to the satellite path and the radial axis. 

 

 
Figure 4 - Coordinate axes for burn measurements. 

In this way, the impulse is treated as a three-element burn, 

which will provide information about the nature and 

orientation of the burn. The initial value of these values is set 

to 0, as the solver will later provide them with their real value. 

The next element is to apply the Maneuver which, once 

defined, will set the spacecraft en route to its destination. 

Next, another Propagator is included, since all motion of the 

spacecraft must be performed by this function. The spacecraft 

is allowed to move until the desired target, in this case the 

planet’s periapsis. The last element inside the Target 

sequence is declaring the parameters that the spacecraft 

should be Achieve. These may vary from case to case, but 

usually refer to the desired position of the spacecraft at 

periapsis, as well as the time at which it is reached. The solver 

defined in the Target properties will vary the elements 
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defined as variables, until the solution is found for a TCM 

that will bring the spacecraft to the desired parameters. Once 

this is done, a Report command can be included outside, in 

order to register the output parameters we wish to know or 

check once the solution is found. The process can then be 

repeated for a multiple gravity assist maneuver mission, 

modifying the three components of a new TCM performed at 

periapsis, in order to reach the following periapsis. 

4) Case Studies 

In order to validate the methodology created, it was 

necessary to simulate past missions that could confirm that 

the results obtained by GMAT are reliable. For this reason, 

two missions were chosen as case studies: New Horizons, and 

Voyager 2. 

New Horizons mission launched on January 19th, 2006 

[12], and was the first mission to Pluto, completing the Solar 

System exploration that began decades earlier. This mission 

performed a single gravity assist maneuver at Jupiter, 

providing the spacecraft with a boost in velocity that allowed 

it to reach the dwarf planet in under 10 years. This travel time, 

compared to the 45 years it would take to reach Pluto with a 

single Hohmann transfer, shows just how great the impact of 

this gravity assist maneuver was for this mission. 

To set up the mission in GMAT, the spacecraft physical 

details were inputted by hand. The epoch selected was 

January 19th 2006 at 20:00, just one hour after launch, and 18 

minutes after the third stage separation. The orbital elements 

for New Horizons at this point in time were obtained from the 

NASA platform “Horizons”, which is a tool developed by 

JPL that generates ephemerides for solar-system bodies at 

any specified time [13]. From this source, the initial elements 

of the spacecraft’s orbit at this point were inputted, including 

the semi major axis, the eccentricity, inclination, longitude of 

the ascending node, argument of perifocus, and true anomaly. 

Then, the distribution of burns had to be selected. The real 

mission used a total of 9 maneuvers during cruise and 

approach, as shown in Table I. It can be appreciated that the 

injection correction took place in two burns, carried out 9 and 

11 days after launch, and amounted for a total ΔV of 17.2 m/s. 

This was modelled in GMAT with a single burn at 10 days 

after launch, which should be a close representation of the 

real case. Then, New Horizons performed a major correction 

209 days after the Jupiter flyby, which was also set up in the 

simulation. With these two main burns, the mission path 

achieved should closely represent the real one. The total ΔV 

of the mission is expected to be lower than the real case, 

considering that minor correction and final targeting burns 

often vary in direction and oppose each other, which is not 

the case with GMAT’s accurate solver. 

 
Table I - New Horizons Maneuver History [14]. 

 
 

The next thing to determine was the target parameters that 

each burn should aim to achieve. As discussed earlier, the 

simulation should ideally target to place the spacecraft in the 

exact location and time of each flyby, according to the real 

mission results. Regarding time, inputting the target date 

presents no challenge. The position at flyby, however, is a bit 

more complicated to transmit to the software. The position 

could be measured in orbital terms with respect to the Solar 

System barycenter, or Earth (being the origin of the 

trajectory). For gravity assist maneuvers, it is most 

convenient to use the celestial body over which the spacecraft 

is flying by. This relative position can, however, also be 

defined in several ways. XYZ coordinates in the inertial 

frame of the planet can be found, but GMAT found 

difficulties trying to obtain solutions for a target input with 

these three components. The distance to the planet could also 

be given as individual input, but the software does not always 

find the geographical position around the planet that would 

most benefit the gravity assist’s interests. The input selected 

was, finally, the B-Plane. 

 

 
Figure 5 - B-Plane Parameters [15]. 

 

The B-Plane is a plane that is orthogonal to the hyperbolic 

trajectory plane and the initial hyperbolic velocity vector 

[15]. It is commonly used when making planetary flybys, and 

it can be thought of as a target attached to the assisting body. 

The intersection of the spacecraft trajectory on the B-Plane 

defines its position relative to the planet, the axes being 

named �⃗� ,�⃗�  and 𝑆  (with 𝑆  being zero), as shown in Figure 5. 

The values for the B-Plane intersection of the New Horizons 

probe at Jupiter and Pluto were obtained from [16], and their 

representation can be seen in Figures 6 and 7. 

 

 
Figure 6- New Horizons B-Plane target at Jupiter flyby [16]. 
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Figure 7- New Horizons B-Plane target at Pluto flyby [16]. 

 

With this information, all the parameters needed to 

simulate the New Horizons mission were ready, and the test 

could be run. It is worth mentioning that the simulation could 

be run in two separate ways, by having the solver utilize all 

parameters to obtain all the target results, or having two 

separate solvers, each of which targeted one B-Plane; first at 

Jupiter, and then at Pluto. The results can be found in the 

Results section. 

The second mission that was simulated was Voyager 2. 

This spacecraft launched on August 20th, 1977, making use of 

a planetary alignment that would make possible to visit all 

outer planets – Jupiter, Saturn, Uranus, Neptune and Pluto 

[17]. Pluto was finally discarded for budget reasons, but 

nevertheless Voyager 2 was a huge success, performing 

gravity assist maneuvers at each of the planets in 1979, 1981, 

1986 and 1989, to later maintain a course that would take it 

to its current position today, outside of the Solar System’s 

Heliopause. 

Like the previous mission, the spacecraft physical details 

were inputted by hand. The epoch selected was January 23rd, 

three full days after launch, to start the mission with a set path 

and avoid the initial after-launch corrections. The orbital 

elements were again obtained from the Horizons platform. 

The elements to create the Voyager 2 mission simulation 

presented a much higher challenge than the single-maneuver 

New Horizons. Most relevant for this simulation was the 

mismatch between different available sources about the times 

and altitudes of the flybys at each Planet. The information 

found in different sources differed tens of thousands of km 

for the altitude, and several hours for the time. Additionally, 

the information for the B-plane intersection at each encounter 

was not found, and neither were the values for thrust burn. 

This posed a challenge for simulating the mission, as the 

results are highly sensitive to these parameters. When finding 

the desired information was not possible, an alternative 

solution was found using SPICE kernels. 

SPICE is an information system built by the Navigation 

and Ancillary Information Facility (NAIF) under the 

directions of NASA’s Planetary Science Division [18]. The 

main SPICE data sets are called “kernels”, and they contain 

information about navigation, ephemeris, orientation, events, 

etc. and serve as an input that some platforms can read. As 

mentioned before, GMAT allows loading SPICE files when 

establishing the settings for a spacecraft. Loading the 

pertinent SPICE kernels, it was possible to replicate Voyager 

2’s path throughout its mission. This representation, however, 

allows only for reading information, no alterations can be 

made to it in any way. Hence, while not being the result 

desired, it was of great help, as the B-Plane coordinates for 

all the planetary flybys were obtained from this simulation, 

which was known to be reliable. Additionally, the times and 

altitudes found with SPICE closely compared to those found 

in a NASA source [19]. 

Having found the target points in space and the desired 

times, only the burn distribution was left to be defined. No 

burn distribution of this mission was found, so a decision was 

made to perform a single burn at the beginning of the mission, 

and another one at each of the flybys, during the trajectory 

periapsis. This method, while theoretically being the most 

efficient, would provide a rough estimate of the correction 

thrust magnitudes. It is important to mention that, as opposed 

to the previous study case, this time it was not possible to 

have the solver obtain all targets in one single operation, as 

the amount of variables (three per burn) and targets (two B-

Plane coordinates and one time stamp per flyby) were too 

many to do for four different planets at once. Therefore, the 

simulation was solved in steps, which took the spacecraft 

from one periapsis to the following. The results can be seen 

in the Results section. 

This method, while proving to be a great way to obtain an 

initial path and burn values, proved not to give the most 

efficient solution. Using the B-plane intercepts obtained from 

the SPICE file did not achieve the literature altitude at each 

flyby. Manually adjusting these B-Plane intersection 

coordinate values (B·T and B·R) to approach the desired 

altitude resulted in a very significant increase in the mission 

efficiency, as will be shown in the results section.  

B. Results 

The results obtained from the GMAT simulations are 

collected in this section. These results aim to confirm the 

validity of the model created, so that it can be later used for 

further investigation. The results analyzed were the accuracy 

of the targeted values (B-plane coordinates and time of 

flyby), the trajectory, the velocity profile, and the ΔV 

required. 

1. New Horizons 

In terms of the targeted points, the software was able to 

obtain the desired values with astonishing precision. The 

target location in the B-plane was achieved with an accuracy 

of less than a centimeter to the defined values B·T and B·R. 

As for the time constraint, defined in order to have the flyby 

at the same time as the real mission, the obtained trajectory 

achieved both periapsis within 10−10 seconds of the real 

values, which is virtually the exact moment that was input to 

the platform. 

The trajectory obtained by the New Horizons probe in the 

simulation perfectly resembled the trajectory observed in the 

literature. To further check its precision, the obtained 

trajectory was run next to the SPICE trajectory, which should 

be the real representation. The result was a virtually identical 

path followed by the simulated and SPICE probes. Figure 8 

shows the top view for the obtained trajectory. 
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Figure 8 - New Horizons obtained trajectory. 

The next result analyzed was the velocity profile. The 

XYPlot function was used to represent the probe’s speed as a 

function of distance to the Sun. The results were contrasted 

with the mission’s real profile [16] and represented together 

in Figure 9. 

Figure 9 - New Horizons velocity profile. 

It can be appreciated that the results are an outstanding 

good match, presenting the steady deceleration of the New 

Horizons probe as it departs from Earth and moves towards 

Jupiter, and the velocity surge created by the flyby. With an 

initial speed of around 45 km/s in the heliocentric frame, the 

velocity rapidly decreases as the probe escapes the Earth’s 

pull. By the time the probe reaches the SOI of Jupiter, its 

speed has dropped to 19.5 km/s. The flyby provides a boost 

of almost 4 km/s, proving invaluable in terms of fuel saving 

and reducing mission time. The flyby at Pluto, as shown in 

the plot, is not used for gravitational assist, but rather as an 

observation phase. 

The final result to be studied is the ΔV required, where the 

results obtained varied depending on the method used. Using 

a single solver to find all unknowns, which is the most 

efficient method, gave as a result an initial burn on 17.75 m/s, 

and a second burn of 0.303 m/s. Using two solvers to find 

each burn separately yielded the same result for the first burn, 

while the second burn increased to 0.416 m/s. The reason 

behind this is that, when using a single solver, small 

modifications in the direction of the first burn are taken into 

account to optimize the second one. 

Additionally, a test simulation was performed removing 

the time constraint, i.e. not fixing the exact time for flybys at 

Jupiter and Pluto as a target. This was done to see if a much 

more efficient solution could be found by not adhering to the 

very specific parameters of the real mission. In this case, 

removing this time constraint did not prove to give a much 

more efficient solution. Jupiter flyby was achieved 6 minutes 

later, and Pluto was reached 2.5 hours later as well, but the 

ΔV difference was not significative. 

2. Voyager 2 

When achieving the targeted components, the software was 

able to obtain the desired values with high precision. The 

target location in the B-plane was initially achieved with an 

accuracy of 1 km for the defined coordinate values B·T and 

B·R. A second test proved that this accuracy could be 

increased to 10 m, at the cost of increasing the computational 

time. The time of the flyby was once more obtained to the 

fraction of a second. These results are collected and 

contrasted with literature values. 

The trajectory obtained by the Voyager 2 probe in the 

simulation was identical to the trajectory observed in 

literature [6]. The obtained trajectory was also run next to the 

SPICE trajectory, which should be the real representation. 

The result was a virtually identical path followed by the 

simulated and SPICE probes. Figure 10 shows the top view 

for the obtained trajectory, and it can be compared to Figure 

11 obtained from literature. The trajectory of Voyager 2 after 

the Neptune encounter was highly sensitive to the flyby 

altitude, due to the encounter being such a close one – merely 

4,800 km. 

 

 
Figure 10 - Voyager 2 obtained trajectory. 

 
Figure 11 - Voyager 2 bibliography trajectory [6]. 

The next result analyzed was the velocity profile. Again, 

the probe’s speed as a function of distance to the Sun was 

represented using the XYPlot function. The results were 

contrasted with the mission’s real profile [6] and represented 

together in Figure 12. 
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Figure 12 - Voyager 2 velocity profile. 

 

It can be appreciated that the results follow very closely the 

real data, presenting the progressive deceleration of Voyager 

2 as it departs from Earth and moves past the 4 planets. The 

velocity surge created by the flybys is achieved quite 

accurately, except for the last one, the Neptune flyby. This is 

due to the fact that the velocity highly increases with a closer 

approach to the planet. There is a slight mismatch between 

the literature and the SPICE information as to how close this 

flyby was, but the simulation can be adjusted to the desired 

altitude. With an initial speed of around 39 km/s in the 

heliocentric frame, the velocity rapidly decreases as it escapes 

the Earth’s pull. The flyby at Jupiter provides Voyager 2 with 

a significant boost in velocity, enough to reach the Solar 

System escape velocity. The following flybys, at Saturn and 

Uranus, also provide the spacecraft with a significant 

increment in its heliocentric speed. Lastly, it is notable that 

the flyby at Neptune reduces the velocity of the probe, 

commencing its voyage into the unknown territory that is the 

exterior of the heliopause 

Finally, the obtained burns are listed in detail in Table II. 

Each of the burns is divided into the 3 components, for further 

understanding of the nature of the corrections. The axis used 

is once again VRN. The total ΔV of 687.45 m/s highly 

exceeded the expected value, displaying an important 

increase of ΔV as the mission advances in time. As for the 

components, it is noticed that only 8.3% of the impulse 

generated is used to alter the spacecraft’s forward velocity (V 

component), spending most of the resources on correcting the 

N and R components. This was an unexpected result, as it was 

assumed that the selected path for the Voyager 2 mission 

should have resulted in the corrections in the N and R 

components being lower. 

Taking a closer look, the results showed that the targets 

selected – time of periapsis and B-plane interception – could 

be achieved to the highest accuracy. Table IV shows that the 

values obtained match perfectly the input values. The altitude 

obtained for each flyby, however, did not correspond with the 

values extracted from literature. A decision was made to 

manually modify the B·T and B·R coordinate values, with the 

aim to move the B-plane intersection point to the recorded 

altitude of the real mission. This process required multiple 

iterations and running simulations to understand the impact 

of altering each value, and differed from one flyby to another 

since the flybys presented different altitudes, orientation in 

the B-plane, as well as taking place around a planet with 

different gravitational pull. 

 
Table II - Voyager 2 obtained burn history and magnitudes. 

Burn Location 
ΔV 

[m/s] 

Components 

[m/s] 

1 
Beginning of 

mission 
14.81 

V: 10.78 

N: 10.15 

R: 0.40 

2 Jupiter periapsis 75.31 

V: −22.98 

N: −3.07 

R: −71.65 

3 Saturn periapsis 231.52 

V: 5.16 

N: 165.49 

R: −161.83 

4 Uranus periapsis 365.81 

V: 18.45 

N: −309.99 

R: 193.36 

Total ΔV: 687.45 m/s 

 

Maintaining the initial position of the probe meant that the 

first burn could not be altered much. On the other hand, the 

other three burns showed a high sensitivity to changes in the 

B-plane interception point, allowing for the altitude to be 

altered to match the desired value whilst lowering the N and 

R burn components as much as possible. More about this 

process is included in the analysis section. The results for the 

improved simulation are collected in Table III, and the new 

values obtained for coordinates B·T, B·R, and altitude can be 

found in Table V. 

 
Table III – Voyager 2 improved burn history and magnitudes. 

Burn 
Location 

ΔV 

[m/s] 

Components 

[m/s] 

1 
Beginning of 

mission 
15.39 

V: 11.01 

N: 10.75 

R: 0.18 

2 Jupiter periapsis 22.77 

V: −22.77 

N: 0 

R: 0.31 

3 Saturn periapsis 6.30 

V: 6.30 

N: 0 

R: −0.17 

4 Uranus periapsis 22.28 

V: 22.28 

N: 0 

R: 0.47 

Total ΔV: 66.75 m/s 

 

The contrast with the first results is evident. In this case, 

the impulse generated to alter the spacecraft’s forward 

velocity (V component) is dominant over the other two, 

which are almost negligible to the absolute magnitude of the 

ΔV. This excludes the first burn, which as mentioned before 

is dependent of the initial state of the mission. Also, the 

contrasting values in the V axis, where the satellite speed is 

first lowered and later raised again, will be addressed in the 

analysis, as it seems unlikely to represent the real case. 
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C. Analysis 

The method developed to simulate gravity assist 

maneuvers proved to be challenging at first but, once the 

process had been iterated and improved, it was easier to 

reproduce again in order to alter and adapt to new missions 

and characteristics. The software selected proved to be an 

excellent tool for the desired scope of simulation, as well as 

providing great visual aid for the understanding and iterating 

process. The results obtained from the GMAT simulations, 

combined with the available literature, serve as a measure of 

just how valid and accurate the developed method for gravity 

assist maneuver missions really is. It is observed that, while 

some aspects present an excellent accuracy to the real values, 

some others must be taken with caution. 

In terms of trajectory, both New Horizons and Voyager 2 

study cases were achieved to a high degree of precision. This 

precision, measured by contrasting with literature diagrams, 

could furthermore be proved more exactly by using the 

SPICE files for the satellites, providing a trajectory match 

that could be analyzed both numerically and visually. Targets 

can also be achieved to a high degree of accuracy without an 

excessive cost in terms of computational time. Elements like 

time of periapsis, B-plane intersection coordinates, and 

altitudes, were easily obtained with the use of the software’s 

solvers. The main challenge regarding this aspect is the 

availability of real values, which differs greatly from one 

mission to another. Not having B-plane coordinates for the 

second mission, for example, entailed the need for obtaining 

these values in a different manner (SPICE file), and adjusting 

manually for their accuracy. 

 

 

The velocity profiles obtained also proved to accurately 

follow the real values obtained from literature. The speed 

decay of the satellites, as well as the spikes at each gravity 

assist, are simulated using a complex gravitational model that 

includes all desired bodies from the Solar System. Minor 

differences can be seen at the peak velocities; this can be 

explained by the huge difference in velocity that the satellite 

presents by having a periapsis a few meters farther from or 

closer to the planet. This, however, occurs for an instant 

during a small fraction of the gravity assist, going back to 

matching values as soon as the satellite leaves the point of 

maximum approach. 

 The final result studied was the ΔV required. This result 

was expected from the beginning not to hold as true to the 

real values as the other results, as real-life missions require 

more correction maneuvers, often in opposed directions from 

one maneuver to the next, which bring the final fuel 

consumption up. This does not occur in a simulation, which 

calculates the optimized lowest thrust maneuver. As 

mentioned above, the New Horizons performed a total of nine 

maneuvers, with a resulting ΔV of 24.2 m/s. The first two 

burns, which took place 9 and 11 days after launch, amounted 

for 17.2 m/s. In comparison, the simulation obtained a ΔV of 

17.75 m/s for a single burn at L+10 days, which is very close 

to the real value, indicating that the GMAT model is able to 

reproduce good estimates for mission requirements. The 

second value, however, is far from the literature value. 

Having replaced seven separate burns that take place over a 

span of several years with a single burn, this was to be 

expected. The real values show that these burns amount to 7 

m/s, of which 2.4 m/s take place 209 days after the Jupiter 

periapsis. Having the single burn simulated at this point, the 

results were considerably lower, at 0.303 m/s when using a 

single solver. This can be attributed to the exact prediction 

Table IV - Comparison of Voyager 2 literature and obtained values for time and position goals. 

 
Mission stage Date 

Planet altitude 

[km] 

B·T* 

[km] 

B·R* 

[km] 

Literature 
Jupiter periapsis 

22:29 UT, July 9th 1979 645 000 1 913 212.28 167 664.27 

Simulation 22:29 UT, July 9th 1979 656 000 1 913 212.28 167 664.28 

Literature 
Saturn periapsis 

1:21 UT, August 26th 1981 101 000 324 486.32  −173 812.23 

Simulation 1:21 UT, August 26th 1981 103 400 324 486.32  −173 812.23 

Literature 
Uranus periapsis 

17:59 UT, January 24th 1986 81 500 92 533.50  −87 205.31 

Simulation 17:59 UT, January 24th 1986 77 750 92 533.49  −87 205.31 

Literature 
Neptune periapsis 

3:56 UT, August 25th 1989 4 800  −27 884.25  −41 724.75 

Simulation 3:56 UT, August 25th 1989 6 480  −27 884.25  −41 724.74 

 *Values for B·T and B·R are not exactly obtained from literature, but from the SPICE file run in GMAT. 

Table V - Comparison of Voyager 2 literature and improved values for time and position goals 

 
Mission stage Date 

Planet altitude 

[km] 

B·T* 

[km] 

B·R* 

[km] 

Literature 
Jupiter periapsis 

22:29 UT, July 9th 1979 645 000 1 913 212.28 167 664.27 

Simulation 22:29 UT, July 9th 1979 648 035 1 901 480.20 166 411.76 

Literature 
Saturn periapsis 

1:21 UT, August 26th 1981 101 000 324 486.32  −173 812.23 

Simulation 1:21 UT, August 26th 1981 100 357 321 715.51  −170 232.32 

Literature 
Uranus periapsis 

17:59 UT, January 24th 1986 81 500 92 533.50  −87 205.31 

Simulation 17:59 UT, January 24th 1986 81 725 91 536.12  −94 002.13 

Literature 
Neptune periapsis 

3:56 UT, August 25th 1989 4 800  −27 884.25  −41 724.75 

Simulation 3:56 UT, August 25th 1989 4 801  −26 600.77  −40 315.25 

 *Values for B·T and B·R aren’t exactly obtained from literature, but from the SPICE file run in GMAT. 
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capabilities of the software, something that a NASA team 

could never have in a real mission. The smallest deviation in 

thrust, trajectory, or gravitational interaction of the satellite, 

while traveling for years in the void of space, adds up to a 

considerable path deviation, which needs in turn higher burns 

to counter the results. As for the Voyager 2, the lack of 

information regarding the number or ΔV magnitude of the 

maneuvers the mission carried out made it impossible to have 

complete evaluation of the results obtained. Thorough 

research resulted in finding an old source from 1968 about the 

Voyager spacecraft, which stated that the total ΔV capability 

for the whole mission was 1.95 km/sec [20]. This of course 

includes a high percentage used at orbit insertion, with 

usually a small amount being dedicated to mid-course 

corrections and orbit trims. This was therefore not a good 

reference for expected results, as the ΔV for the mission 

dedicated to trajectory should be much lower. This, combined 

with the lack of information about the burn distribution, 

which led to performing a burn at the beginning of the 

mission, and one more during each flyby at periapsis, meant 

the simulated results were expected to be lower than real 

values, but no such comparison would be available. 

The results in ΔV also proved to be very sensitive to the 

altitude of the periapsis. The lowest value for ΔV was 

obtained by having the mission adhere to the altitudes 

specified in mission literature. This piece of information 

would turn out to be key in the second part of the project, 

where maximizing the thrust effect is investigated. 

V. GRAVITY ASSIST STUDY 

Now the process of creating and modifying a simulation 

for a gravity assist maneuver using GMAT has been 

established, and its validity checked. This next section is 

focused on using this simulation process to explore in depth 

and understand some of the elements that make up the 

maneuver itself, what their impact is, and how we can benefit 

from knowing this. In particular, the main focus is to study 

the impact of performing thrusting maneuvers when a 

satellite is carrying out a gravity assist maneuver. The 

sensibility of performing trajectory and speed altering 

maneuvers at and around the flyby periapsis is explored, and 

the results are used to determine the efficiency of performing 

such maneuvers in relation to the desired correction. 

The interest of studying the effects of thrusting around the 

flyby periapsis come from a known principle in space 

physics, called the Oberth effect. This principle establishes 

that applying a ΔV at the point where the spacecraft has a 

higher velocity – in this case, the periapsis – will maximize 

the spacecraft’s gain of kinetic energy [21]. The concept was 

first explored by Hermann Oberth, and has since been 

considered as an interesting theory for obtaining “extra” 

speed boosts for ambitious space missions. The analysis done 

in this project aims to answer if this is in fact a viable method 

that long-range missions should benefit from, or if there are 

downfalls to the maneuver that render it inefficient. 

A. Method 

In order to obtain as much information as possible about 

the effect of thrusting at periapsis, several scenarios were 

simulated. The chosen planet for these simulations is Jupiter, 

being the closest giant planet to Earth, and the preferred 

celestial body for missions to flyby in their trajectory to 

targets in the outer Solar System. A trajectory originating at 

Earth and reaching Jupiter periapsis at equatorial latitude was 

chosen. Arriving at a zero latitude periapsis would result in 

the most unaltered initial trajectory, where the impact of 

thrusting in all directions could be observed without the 

position of the periapsis being a factor in the trajectory 

change. It is worth mentioning that, despite arriving at the 

equatorial point, the difference in orbital plane between Earth 

and Jupiter provides the satellite with an upwards velocity of 

1.87 km/s at the moment of closest approach, in the Jupiter 

inertial frame. 

Around this standard mission, several parameters of the 

flyby were altered to investigate their impact. Individual 

simulations were created for each scenario, in which multiple 

combinations of the varying parameters were tested. The 

variables that were altered were: 

- the periapsis altitude. 

- the magnitude of the impulse when performed at 

periapsis. 

- the direction of the impulse. 

- the position relative to periapsis, when thrusting before 

periapsis. 

In order to test the first parameter, the simulation was 

recreated for three different periapsis altitudes. The different 

satellite trajectories would present an initial flyby closest 

approach of 1.5·106 km, 1.0·106 km, and 0.5·106 km. For 

these scenarios, the spacecraft was subjected to individual ΔV 

impulses, pointed at each of the three directional axes 

represented in Figure 4, as well as their three opposite 

directions, for a total of six different impulse directions. The 

magnitude of the impulse was also changed in order to see if 

the impact follows a linear trend. The chosen magnitudes 

were 0.1 m/s, 1 m/s, and 10 m/s. Finally, in order to determine 

the efficiency and impact of thrusting at periapsis as opposed 

to doing so upon approach of the planet, a second scenario 

was simulated. In this scenario, the impulses were performed 

before reaching the periapsis at 1, 2 and 3 million km from 

the planet, to explore thrusting upon approach, and at 20 

million km, to see the difference when thrusting for 

corrections far before reaching the planet. For this scenario, 

the altitude for the periapsis of the initial trajectory was fixed 

at the closest approach (0.5·106 km), and the impulse 

magnitude remained at 10 m/s.  

 

 
Figure 13 - Points of study for Jupiter gravity assist scenarios. 

Figure 13 has been created to visually represent the points 

at which the impulses were applied in the different scenarios. 

Points 1 through 3 represent the periapsis of the trajectories 

at the three selected different altitudes. The magnitude of the 

impulses is also varied in these points to study its effect. 

Points 4 through 6 represent the moment of impulse at the 

different distances from the planet. Point 7, not included in 
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the figure, would represent the fourth distance, of 20 million 

km. The magnitude of the impulse and altitude of periapsis in 

these latter scenarios remains unchanged. 

The simulation was performed individually for each 

combination of the described parameter variations. The 

subsequent trajectory changes were registered, taking 

measurements of speed, position, and deviation relative to the 

original trajectory – obtained with no ΔV performed. These 

measurements were taken at intervals of two years, for a total 

study period of ten years. This value was chosen as it would 

represent a mid-Solar system mission, and could give a 

reasonable idea of the sensibility that minor trajectory 

correction maneuvers can have after long periods of space 

travel. The results were compared both numerically and 

visually to the unaltered gravity assist trajectory. 

B. Results 

The results obtained included position, speed, and elapsed 

time of the original unaltered scenarios and the ones altered 

by a ΔV impulse. Also, the deflections were measured in all 

three axis, using the Sun as the center of measurement due to 

the long time period of the mission. Choosing Jupiter would 

have compromised the results, as the movement of Jupiter 

around the Sun would affect the measured distances to the 

satellite. The ideal option would have been to have a static 

center of measurement at the point of the periapsis, but this 

setup was not achieved in GMAT. 

The results for the trajectory achieved after applying each 

of the impulse magnitudes in each of the directions were 

gathered in tables like Table VI, which shows the results for 

the simulation in which the satellite is provided with +1 m/s 

in the positive V direction at the mission periapsis of 0.5·106 

km. The rest of the tables are not included here, as the amount 

of data is too extensive. All results present a progressive 

decrease in heliocentric speed, matching what is expected for 

a body traveling against the pull of the Sun. The most 

important value is the position in the Heliocentric frame, 

which provides a static set of data on which to perform 

measurements and comparisons. The satellite increasing 

distance to the Sun is also provided, in Astronomical Units, 

for comprehensive interpretation of its path away from the 

Sun. Finally, the difference in trajectory with respect to the 

unaltered gravity assist maneuver were measured, in X, Y and 

Z axes, as well as the magnitude of the trajectory difference. 

This result provides the most helpful data for comparing the 

effect of thrusting in different directions and with different 

magnitudes at periapsis, registering the tendencies over the 

time of the mission as well as the final difference between 

each case. 

Seeing the stable decay in speed and position throughout 

the years, the results for all cases were compiled for analysis, 

focusing on the final deviation produced after ten years, and 

grouping the data by altitude scenario and direction of the ΔV 

impulse. Table VII compiles these results, which will be used 

in the next section for detailed analysis. A value named 

Factor was included, which describes the proportion of the 

total trajectory deflection compared to smallest ΔV 

performed, of 0.1 m/s. 

The second part of the results includes the scenarios in 

which a ΔV of 10 m/s is applied before reaching the periapsis. 

This impulse is applied once for each direction, and the 

deflection with respect to the unaltered trajectory is recorded 

ten years after the periapsis point. Also, the new periapsis 

altitude is recorded, to reflect the impact of the impulse in 

terms of modifying the point of closest approach. The 

heliocentric velocity after the 10 years is included as well. 

Finally, the value Factor has once again been added, 

representing the proportion of the total trajectory deflection 

compared to the deflection obtained when thrusting at 

periapsis. Table VIII contains these results, which are 

evaluated to understand the effect of performing the impulse 

at different distances, and comparing them to thrusting at 

periapsis. 

 

  

Table VI – Trajectory results for satellite after receiving +1m/s in V direction at a Jupiter periapsis of 500,000 km. 

Time 

elapsed  

[years] 

Heliocentric 

Speed 

[km/s] 

Heliocentric Position Distance 

to Sun 

[AU] 

Deviation from original trajectory 

X 

[km] 

Y 

[km] 

Z 

[km] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 

0 33.26  −487 359 896  −634 737 003  −5 182 644 5.3494 0 0 0 0 

2 23.49 199 608 650  −2 047 810 309 170 908 109 13.8009  −58 541.9  −106 758.4 3 068.7 121 794.6 

4 22.35 893 027 936  −3 301 160 009 335 975 699 22.9701  −113 141.3  −226 572.0 7 421.3 253 359.2 

6 21.86 1 574 109 838  −4 507 262 220 496 293 030 32.0856  −164 264.0  −350 929.6 12 434.8 387 671.1 

8 21.59 2 247 210 517  −5 691 454 630 654 157 574 41.1362  −213 245.4  −477 441.1 17 812.0 523 202.5 

10 21.42 2 915 565 955  −6 862 918 908 810 572 196 50.1375  −260 807.4  −605 207.4 23 418.5 659 427.8 
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Table VII - Trajectory deviation after 10 years for a Jupiter gravity assist, thrusting at periapsis. 

Periapsis at 500 000 km 

V 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 21.4162 −26 081 −60 523 2 342 65 945 1.00 

− 0.1 21.4159 26 080 60 524 −2 342 65 946 1.00 

+ 1 21.4175 −260 807 −605 207 23 418 659 428 10.00 

− 1 21.4147 260 803 605 265 −23 424 659 479 10.00 

+ 10 21.4300 −2 608 289 −6 049 474 233 958 6 591 968 99.96 

− 10 21.4021 2 607 808 6 055 258 −234 463 6 597 105 100.04 

N 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 21.4161 −1 661 1 489 15 804 15 960 1.00 

− 0.1 21.4161 1 661 −1 489 −15 804 15 960 1.00 

+ 1 21.4161 −16 616 14 882 158 038 159 604 10.00 

− 1 21.4161 16 610 −14 897 −158 037 159 604 10.00 

+ 10 21.4160 −166 449 148 147 1 580 400 1 596 032 100.00 

− 10 21.4162 165 816 −149 638 −1 580 345 1 596 050 100.00 

R 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 21.4160 −25 628 644 −2 752 25 783 1.00 

− 0.1 21.4161 25 627 −644 2 752 25 783 1.00 

+ 1 21.4156 −256 278 6 441 −27 518 257 832 10.00 

− 1 21.4165 256 272 −6 446 27 518 257 826 10.00 

+ 10 21.4117 −2 563 038 64 164 −275 187 2 578 567 100.01 

− 10 21.4204 2 562 467 −64 706 275 171 2 578 012 99.99 
 

Periapsis at 1 000 000 km 

V 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 17.9567 −29 513 −42 852 346 52 033 1.00 

− 0.1 17.9565 29 513 42 852 −346 52 033 1.00 

+ 1 17.9577 −295 123 −428 509 3 459 520 317 10.00 

− 1 17.9554 295 128 428 536 −3 461 520 342 10.00 

+ 10 17.9680 −2 951 002 −4 283 873 34 528 5 202 036 99.98 

− 10 17.9452 2 951 504 4 286 576 −34 669 5 204 547 100.02 

N 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 17.9566 −1 947 1 672 19 964 20 128 1.00 

− 0.1 17.9566 1 947 −1 672 −19 964 20 128 1.00 

+ 1 17.9566 −19 476 16 715 199 639 201 282 10.00 

− 1 17.9566 19 469 −16 724 −199 639 201 282 10.00 

+ 10 17.9565 −195 065 166 722 1 996 388 2 012 812 100.00 

− 10 17.9567 194 385 −167 672 −1 996 388 2 012 825 100.00 

R 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 17.9565 −24 740 11 826 −3 340 27 623 1.00 

− 0.1 17.9567 24 740 −11 826 3 340 27 623 1.00 

+ 1 17.9560 −247 397 118 255 −33 404 276 234 10.00 

− 1 17.9572 247 394 −118 256 33 404 276 232 10.00 

+ 10 17.9503 −2 474 106 1 182 469 −334 045 2 762 430 100.00 

− 10 17.9629 2 473 812 −1 182 638 334 028 2 762 238 100.00 
 

Periapsis at 1 500 000 km 

V 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 16.0435 −29 075 −37 277 −79 47 275 1.00 

− 0.1 16.0433 29 075 37 278 79 47 275 1.00 

+ 1 16.0445 −290 745 −372 766 −788 472 745 10.00 

− 1 16.0423 290 749 372 784 787 472 762 10.00 

+ 10 16.0545 −2 907 267 −3 726 855 −7 915 4 726 702 99.98 

− 10 16.0324 2 907 673 3 728 656 7 834 4 728 372 100.02 

N 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 16.0434 −2 055 1 729 21 759 21 924 1.00 

− 0.1 16.0434 2 055 −1 729 −21 759 21 924 1.00 

+ 1 16.0434 −20 553 17 282 217 594 219 245 10.00 

− 1 16.0434 20 547 −17 290 −217 594 219 245 10.00 

+ 10 16.0433 −205 795 172 487 2 175 937 2 192 443 100.00 

− 10 16.0435 205 200 −173 235 −2 175 945 2 192 454 100.00 

R 

ΔV 

[m/s] 

Final Speed 

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 
|ΔXΔYΔZ| Factor 

+ 0.1 16.0433 −22 709 16 946 −3 409 28 539 1.00 

− 0.1 16.0435 22 709 −16 946 3 409 28 539 1.00 

+ 1 16.0427 −227 093 169 461 −34 088 285 395 10.00 

− 1 16.0441 227 092 −169 462 34 088 285 394 10.00 

+ 10 16.0361 −2 270 970 1 694 570 −340 886 2 853 958 100.00 

− 10 16.0507 2 270 872 −1 694 656 340 883 2 853 930 100.00 
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Table VIII - Trajectory deviation after 10 years for a 500 000 periapsis Jupiter gravity assist, thrusting on approach. 

V +10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4300 −2 608 289 −6 049 474 233 958 6 591 968 1.00 

1 million 500 088 21.4243 −4 198 639 −5 008 342 −20 985 6 535 480 0.99 

2 million 500 150 21.4222 −4 426 756 −4 419 979 −94 424 6 256 301 0.95 

3 million 500 175 21.4215 −4 479 021 −4 208 853 −117 731 6 147 351 0.93 

20 million 500 222 21.4203 −4 521 791 −3 846 537 −152 628 5 938 496 0.90 
 

V −10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4021 2 607 808 6 055 258 −234 463 6 597 105 1.00 

1 million 499 911 21.4078 4 196 220 5 014 247 20 229 6 538 452 0.99 

2 million 499 850 21.4100 4 429 528 4 426 021 94 241 6 262 528 0.95 

3 million 499 825 21.4107 4 476 976 4 214 032 117 068 6 149 397 0.93 

20 million 499 776 21.4118 4 520 012 3 851 259 152 028 5 940 187 0.90 
 

N +10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4160 −166 449 148 147 1 580 400 1 596 032 1.00 

1 million 500 000 21.4161 32 297 −30 932 −323 803 326 877 0.20 

2 million 500 000 21.4161 120 873 −109 983 −1 167 307 1 178 691 0.74 

3 million 500 000 21.4162 153 111 −138 731 −1 474 156 1 488 565 0.93 

20 million 500 000 21.4162 212 320 −191 689 −2 039 516 2 059 478 1.29 
 

N −10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4162 165 816 −149 638 −1 580 345 1 596 050 1.00 

1 million 500 000 21.4161 −35 759 30 006 323 495 326 846 0.20 

2 million 500 000 21.4160 −124 517 109 877 1 166 909 1 178 666 0.74 

3 million 500 000 21.4160 −156 789 138 943 1 473 727 1 488 543 0.93 

20 million 500 000 21.4159 −216 010 192 492 2 039 033 2 059 458 1.29 
 

R +10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4117 −2 563 038 64 164 −275 187 2 578 567 1.00 

1 million 500 395 21.4081 −4 704 844 120 591 −505 384 4 733 446 1.84 

2 million 500 927 21.4028 −7 850 748 205 679 −843 670 7 898 628 3.06 

3 million 501 436 21.3978 −10 778 782 287 085 −1 158 713 10 844 684 4.21 

20 million 509 852 21.3175 −57 757 508 1 872 517 −6 232 375 58 122 960 22.54 
 

R −10 m/s 

Distance from Jupiter 

at thrust point 

[km] 

Periapsis 

altitude 

[km] 

Heliocentric 

final velocity  

[km/s] 

ΔX 

[km] 

ΔY 

[km] 

ΔZ 

[km] 

|XYZ| 

[km] 
Factor 

No thrust 500 000 21.4161 - - - - - 

Periapsis 500 000 21.4204 2 562 467 −64 706 275 171 2 578 012 1.00 

1 million 499 605 21.4241 4 704 280 −117 744 505 058 4 732 779 1.84 

2 million 499 073 21.4294 7 859 671 −193 722 843 565 7 907 184 3.07 

3 million 498 565 21.4344 10 803 895 −262 601 1 159 245 10 869 082 4.22 

20 million 490 172 21.5156 59 048 210 −1 101 328 6 302 197 59 393 785 23.04 
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C. Analysis 

Before applying any impulses, the first thing that can be 

noticed from the different scenarios created is the big impact 

that the periapsis altitude has in the trajectory of the satellite. 

Figure 13 presents the unaltered trajectories of three satellites 

having different flyby altitudes, and the effect is clearly 

visible: lowering the altitude rapidly increases the deflection 

of the satellite. Satellite 1, with the outermost trajectory, 

presents a deviation of 22.72º to its trajectory. This deviation 

increases to 31.26º for satellite 2, and peaks for satellite 3, 

where the trajectory is deflected 50.23º. But the flyby altitude 

also conditions the magnitude of the gravity assist that the 

satellite receives from the celestial body. The first and 

furthest satellite presents a peak speed of 24.677 km/s at 

closest approach, slowing down to a final speed of 16.043 

km/s after ten years. As the trajectory follows a closer path to 

the planet, the peak and final velocities increase significantly, 

as can be seen in Table IX. This indicates the possibility that 

altering the satellite trajectory before reaching periapsis may 

have a very important impact in the overall trajectory 

deviation and speed gain of the gravity assist maneuver. 

Figure 14 shows the difference in speed profile obtained from 

the three different unaltered trajectories. 

 
Table IX - Unaltered flyby parameters. 

 Periapsis 

altitude 

[km] 

Trajectory 

deflection 

[deg] 

Periapsis 

speed 

[km/s] 

Final 

speed 

[km/s] 

Satellite 1 1.5 ·106 22.72 24.677 16.043 

Satellite 2 1.0 ·106 31.26 27.096 17.956 

Satellite 3 0.5 ·106 50.23 33.263 21.416 

 

Once the ΔV impulses were applied for each scenario, the 

results presented a variety of trends. The direction of the 

impulse presented effects that followed a highly linear 

behavior. Table VII contains the results for trajectory 

deviation after 10 years for each of the three altitude 

scenarios. Here, we can see that thrusting with the same 

magnitude but in opposite directions caused deflections that 

were also identical in magnitude but opposite in direction. 

This occurred for all axis (V, N and R), for all impulse 

magnitudes, and at all altitudes, as the field |ΔXΔYΔZ| 

shows. Continuing this linear behavior, the effects of 

modifying the magnitude of the impulse showed a variation 

in trajectory of the same factor. This can be observed in the 

factor field. For all axis of impulse and periapsis altitudes, the 

trajectory deviation created by a ΔV of 0.1 m/s increases 

exactly tenfold when the impulse is raised to 1 m/s, and very 

nearly an exact 100 times when the ΔV performed is 10 m/s. 

The accuracy of this linear progression was slightly 

unexpected, but entails a comprehensive environment for ΔV 

budgeting towards trajectory altering at periapsis. 

Regarding the three axes of impulse, it was observed that 

thrusting in the direction of the satellite velocity (V axis) 

produced the largest absolute displacement of the three, with 

a 6.59 ·106 km displacement after ten years when providing 

10 m/s of ΔV. The smallest impact of the three was produced 

by thrusting in the N direction. The ratio, however, differed 

for each altitude scenario, and this can be explained by the 

effect that changing the altitude has on each direction of 

impulse. It was observed that thrusting in the V direction has 

a larger impact on a trajectory with a lower altitude. This 

impact decreases for trajectories with a higher altitude. In the 

case of N and R axes, however, the opposite is true. The 

impact on the trajectory caused by thrusting at the periapsis 

is larger for trajectories with higher altitudes, and decreases 

for trajectories with lower altitude of flyby. These results are 

correlated with the impact on speed for each axis of impulse. 

The highest impact on speed results from thrusting in the V 

direction, and this impact is maximized with a lower flyby 

altitude. The impact in speed of thrusting in the N direction is 

almost negligible, and doing so in the R direction also has a 

small impact compared to the first axis. For these two cases, 

the trajectory deviation is caused not by altering speed, but by 

altering the deviation angle, which is achieved more 

efficiently at higher flyby altitudes. This relationship is very 

interesting, and should be carefully considered when 

establishing the proper periapsis impulses in relation to the 

desired correction. 

 

 
Figure 14 - Speed profile for unaltered trajectories. 

These observations confirm the complexity of trajectory 

planning for long space missions. Small impulses can make a 

huge difference, especially for interplanetary missions, where 

the spacecraft travels for several years between each of the 

targets. At periapsis, where the impact of thrusting is 

supposedly highest, a ΔV as small as 0.1 m/s can mean the 

difference between a perfect trajectory towards the desired 

celestial body, and a massive deviation of tens of thousands 

of kilometers, which must be countered with more corrective 

impulses. In the demanding world of mission planning, where 

every single kilogram of fuel that can be spared counts, this 

is an aspect of the mission planning process that carries a lot 

of importance. 

The results for thrusting at periapsis show that, indeed, the 

impact of performing correction maneuvers in this point of 

the flyby is very considerable, although the effects will differ 

considerably for each axis of thrust. Performing a burn in the 

direction of the satellites motion will cause the greatest 

impact in distance travelled, but not so much in path 

deviation. This will therefore benefit a correction in speed, 

needed when adjusting the time of intercept of the following 

target. In turn, an impulse in the N or R direction will cause 

higher changes in the angle of deviation, which is useful for 

direction corrections and adjustments in the departure angle. 

The next part of the analysis focuses on the results 

obtained from thrusting before reaching periapsis. The 

following remarks and analysis refer to Table VIII, which 

collects the results from performing a ΔV of 10 m/s in each of 

the 6 directions, at several distances before reaching 

periapsis. The initial trajectory has a 500,000km periapsis. 

The first thing that was observed in these results was that they 

varied in nature from one axis of impulse to another as the ΔV 
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was applied further from the periapsis. The first and most 

clear result is the effect of thrusting in the V direction, parallel 

to the satellite motion. Here, the highest impact on trajectory 

is produced by thrusting at the periapsis, and the effect 

gradually decreases as the impulse takes place further from 

this point. The reasoning behind this is that thrusting induces 

the highest speed gain at the point of maximum speed, in this 

case the periapsis, following the principle of the Oberth 

effect, and therefore the satellite departs with a higher travel 

velocity. This is confirmed by the higher heliocentric velocity 

after ten years which is indeed obtained when thrusting at the 

periapsis. The final speed that the satellite carries after this 

time increases from 21.416 km/s to 21.430 km/s, which 

means a significant difference of 14 m/s. Over a long period 

of time, this higher velocity transforms into longer 

displacement. With an impulse of 10 m/s, the effect after ten 

years of space travel amounts to 6.59·106 kilometers further – 

or closer – that the satellite was able to travel. This underlines 

the efficiency of altering the speed to a satellite at the point 

of closest encounter with a planet.  

As the impulse in the V direction takes place further away 

from the periapsis, it is observed that the periapsis is moved 

further away if the satellite is sped up, and closer if the 

satellite is slowed down. Also, speeding up before the point 

of closest approach causes the satellite to reach that point 

before achieving the originally targeted equatorial latitude of 

Jupiter. This causes the periapsis to take place below the 

equatorial plane, as the satellite is incoming from a lower 

plane with a Z axis speed of about 1.87 km/s. This fact makes 

the departing trajectory have a less inclined angle, to in fact 

follow a path that is below the unaltered gravity assist path. 

The final position of the satellite in the Z axis is 117,731 km 

lower when thrusting 3 million kilometers before periapsis, 

compared to the 233,958 km above obtained when thrusting 

at periapsis. Finally, having the impulse occur very far before 

approach follows the same tendencies, as seen in the results 

for thrusting at 20 million km. The variation in deviation and 

periapsis change decrease rapidly with distance, so we 

observe that the difference in results between 3 and 20 million 

kilometers do not differ much from the difference between 1 

and 2 million. It is therefore clear that providing the satellite 

with a boost in velocity is, if trajectory is not to be altered in 

excess, more efficient when performed at periapsis.  

The second axis with a clear tendency is the R axis. 

Thrusting in this axis means doing so perpendicular to the 

satellite motion, and away from the planet (or towards the 

planet, for a negative R value). Here, the biggest impact on 

trajectory is produced by thrusting further away from the 

periapsis; the further away, the bigger the impact is. This can 

at first seem to go against the Oberth effect, but there are other 

things to consider in this situation. While it is still true that 

applying the ΔV at periapsis produces the largest difference 

in speed, the truth is that applying the impulse on approach 

highly alters the periapsis altitude. As observed previously, 

the altitude of the point of closest approach has a great impact 

in the deflection angle and, by extension, in the trajectory 

deflection. Coincidentally, the velocity obtained by the flyby 

is also larger for trajectories closer to the planet. This means 

that thrusting towards Jupiter provides a closer periapsis, 

higher deflection and a higher speed after flyby, while 

thrusting away from the planet transforms into a higher 

periapsis, lower deflection and a speed that is lower than the 

unaltered scenario of zero ΔV. To put this into perspective, 

the speed after 10 years increases from 21.416 km/s to 21.420 

km/s when thrusting towards Jupiter at periapsis, but rises to 

21.434 km/s if the same ΔV is performed 3 million km ahead 

of periapsis. This is a significant difference, as the speed gain 

of 4m/s from periapsis is dwarfed by the 18 m/s obtained from 

an earlier burn. In terms of trajectory deviation, thrusting at 

periapsis has a total displacement of 2.57·106 km after 10 

years, while again thrusting 3 million km ahead of encounter 

translates into a displacement of 10.84·106 km. 

For this axis, we see that the orientation of the deviation 

is kept from periapsis to approach, as opposed to axis V where 

thrusting before periapsis inverted the deviation in the Z axis. 

For the R axis, the deflection is simply accentuated by 

providing the impulse before reaching the point of maximum 

approach. This trend is kept in the case of thrusting long 

before reaching the flyby, with the scenario of applying the 

ΔV at 20 million km of distance having similar but higher 

trajectory deviations as the other cases. The variation, 

however, does not decrease as rapidly as the case of V axis. 

This can be observed in the factor field, for which the case of 

this farthest thrusting, the deviation is around 23 times larger 

than the periapsis case, lowering the flyby altitude by 10 km 

and having an amazing impact in the trajectory of almost 

60·106 km. It can be therefore concluded that providing the 

satellite with a deviation by altering the periapsis altitude is 

more efficient when performed further away from the point 

of closest approach.  

Finally, the case of thrusting in the N direction is a bit 

more complex than the previous two. The first thing that one 

notices is that thrusting before reaching the periapsis barely 

impacts the altitude of closest approach at all – periapsis is 

raised by a mere 83 meters when thrusting 3 million km in 

advance, in either of the two directions of the N axis. The 

velocity is also barely affected, presenting speeds after 10 

years which differ in less than 1 m/s, for all scenarios of 

applying ΔV; at periapsis, on approach, on far approach, and 

not thrusting at all. The only major factor that is truly altered 

by thrusting in the N direction is therefore the trajectory 

variation. 

Thrusting in the N direction presents clear differences 

between doing so at periapsis and before reaching said point. 

Taking the case of applying a ΔV in the positive N direction, 

the satellite receives an impulse in the direction perpendicular 

to its motion and the direction of planet, which corresponds 

to an “upwards” impulse in the Jupiter axis of coordinates. 

When this maneuver takes place at periapsis, the angle of 

departure of the satellite is increased slightly, causing the 

trajectory to be higher than the original path. The impact can 

be seen in the deflection by components, where the X and Y 

components are barely affected, while the displacement in the 

Z component is very notable and amounts for virtually all 

deviation. However, performing this maneuver on approach 

has some interesting effects. Being a purely upwards impulse, 

the point of periapsis takes place higher than the equator. The 

altitude is the same, however, so the satellite receives a pull 

from the planet that is equal in magnitude, but its direction 

compared to the previous case is lower, to make up for the 

new higher position of the satellite. This creates a new 

departure angle that is smaller, making the satellite quickly 

take a trajectory that goes below the original path, and 

effectively reverses the direction of the trajectory deviation 

compared to the first case. Figure 15 showcases this example, 

where satellite 1 is thrusting at periapsis, and satellite 2 has 

maneuvered 20·106 km in advance of the periapsis. The 

periapsis of satellite 2 is clearly above the equatorial plane, 
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and its trajectory can be seen to deviate and approach that of 

the first satellite, to in time obtain a lower trajectory. Finally, 

the deflection from thrusting before periapsis increases with 

distance, but the increase slows down quite rapidly. It was 

observed that, in order to obtain a deflection equal to thrusting 

at periapsis – though inverted – the maneuver should be 

performed at 4 million kilometers from Jupiter. 

These observations show that thrusting before periapsis 

can have a great impact on the trajectory and speed of the 

satellite, although the effects differ considerably from the 

ones obtained with a burn at periapsis. In this case, thrusting 

in the direction of the spacecraft motion does not result in the 

highest final speed; this is instead obtained by thrusting 

towards the planet in order to lower flyby altitude. This will 

also impact the deflection of the trajectory, resulting in the 

highest trajectory deviation after the same amount of time. 

Thrusting upon approach will vary the periapsis point for all 

six axis of thrust, so the impact in trajectory and speed is a 

delicate combination of the nature of the impulse and the 

consequences of the new point of closest approach. Table X 

summarizes the impact in ΔV and deflection of thrusting on 

each axis, both for periapsis and on approach. 

 
Table X - Impact of thrusting during a gravity assist. 

 At periapsis On approach 

 ΔV δ ΔV δ 

V High Low Moderate Moderate 

N Low Moderate Low Low 

R Moderate High High High 

 

VI. CONCLUSION AND FUTURE WORK 

The gravity assist maneuver is a complex technique that 

has been consistently used for space exploration since it was 

proven to work in the early seventies. The nature of the 

maneuver can be confusing at first, although it is based on the 

simple principle of conservation of impulse. But exploring 

the mechanics of this maneuver is an exercise for which the 

difficulty increases quickly, as the movement of the three 

bodies (satellite, flyby planet and target planet) creates a 

complex environment. Adding the impulse of the spacecraft, 

which can alter the trajectory through a combination of 

different factors, results in a mathematical problem that is 

objectively very complicated. 

The first result obtained from this work is a model or 

guideline to accurately create and simulate a gravity assist 

maneuver, with the possibility to adapt the elements of the 

environment to any specific mission. This provides an 

invaluable tool for anyone seeking to further understand the 

physics behind this complex space planning resource, explore 

how each parameter influences the resulting flyby, or simply 

obtain a valid first estimate on a viable gravity assist 

maneuver for a new mission. The accuracy of the model was 

optimal in terms of trajectory, speed profile, and achieving 

the desired parameters, which were checked with data from 

existing missions. The values for ΔV, however, should be 

taken with caution, as they were only partially proven to be 

accurate in this work. Depending on the available 

information, it can be used as a rough check, but in most cases 

the GMAT simulation will be more efficient than the real 

mission, or not as efficient if a new mission is created without 

reference data. However, the information provided by the 

model is very valuable and proved to be very reliable for all 

the other aspects. 

The study that followed, using the created model to 

investigate the effects of several parameters in the gravity 

assist performance, was very interesting. The impact of 

thrusting at the point of maximum approach was evaluated 

and compared to the alternative of thrusting on approach. 

Having the GMAT model allowed for these tests to show all 

the interactions and interesting effects of thrusting in different 

directions. It was concluded that both alternatives present 

advantages depending on the desired deviation and velocity 

gain, so the trajectory correction burns should be defined 

accordingly. 

Further work could be done in both the model and the 

investigation. The model can now be used for numerous 

studies or exercises regarding gravity assist maneuvers. It 

could also be improved by dropping the assumption of 

instantaneous impulses and switching to finite burns, to 

provide a more realistic environment for the calculation of 

ΔV. As for the study on gravity assist maneuvers, a general 

first approach on the common flyby of Jupiter was the focus 

of investigation in this work, but other planets and 

configurations could be studied, as well as including 

atmosphere impact for closer flybys. 

VII. USING THE MODEL 

The model and knowledge obtained from this work was put 

to use during the 2019 ESA Concurrent Engineering 

Challenge. KTH Royal Institute of Technology participated 

alongside Cranfield University, Politecnico di Milano, and a 

team from ESA as ESEC in Belgium, in a one-week project 

to produce a satellite mission to one of Saturn’s moons, 

Enceladus. The mission would presumably use gravity assist 

maneuvers to take the spacecraft from Earth to the target 

celestial body. With a target date for mission completion, the 

number of possibilities for the launch date and trajectory was 

very large. 

The main challenge for gravity assisted trajectories is the 

determination of launch windows. The proper alignment of 

planets is not intuitive, and the number of planetary flybys 

 
Figure 15 - Deviation at Periapsis for satellites performing a ΔV of +10m/s in the N axis. 
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can vary a lot from one option to the other. For this challenge, 

we used an external tool to obtain viable launch windows for 

our desired route, but it would be good to develop another 

method that is more reliable. The launch and flyby dates are 

an input needed for the model obtained in this work, but a 

clear way to obtain them for a new mission is not evident. 

Once the launch date is obtained, and the flyby dates and 

altitudes are known, the model is used for obtaining the 

specific parameters of the trajectory. Even if no flyby 

altitudes are provided, the model can be used to obtain the 

most efficient altitudes of periapsis for the desired velocity 

and trajectory variations. The capture ΔV upon arrival is also 

easily obtained. In the end, the GMAT model was used for 

obtaining the trajectory and characteristics of the mission, and 

the results obtained were validated by comparison to the other 

teams, but the challenge remained in obtaining the initial 

framework to work with. The experience was incredibly 

valuable to test the model I had developed over many months, 

and it was a perfect ending to the work. 
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