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Abstract

The use of fibre composites in the design of load carrying aircraft structures has
been increasing over the last few decades. At the same time, aluminium alloys are
still present in many structural parts, which has led to an increase of the number
of hybrid composite-aluminium structures. Often, these materials are joined at
their interface by bolted connections. Due to their different response to thermal,
mechanical and environmental impact, the composite and the aluminium alloy
parts are subject to different design and certification practices and are therefore
considered separately. The current methodologies used in the aircraft industry
lack well-developed methods to account for the effects of the mismatch of material
properties at the interface. One such effect is the thermally induced load which
arises at elevated temperature due to the different thermal expansion properties
of the constituent materials. With a growing number of hybrid structures, these
matters need to be addressed.

The rapid growth of computational power and development of simulation tools in
recent years have made it possible to evaluate the material and structural response
of hybrid structures without having to entirely rely on complex and expensive
testing procedures. However, as the failure process of composite materials is not
entirely understood, further research efforts are needed in order to develop reliable
material models for the existing simulation tools.

The work presented in this dissertation involves modelling and testing of bolted
joints in hybrid composite-aluminium structures. The main focus is directed to-
wards understanding the failure behaviour of the composite material under static
and fatigue loading, and how to include this behaviour in large scale models of
a typical bolted airframe structure in an efficient way. In addition to that, the
influence of thermally induced loads on the strength and fatigue life is evaluated
in order to establish a design strategy that can be used in the industrial context.

The dissertation is divided into two parts. In the first one, the background and
the theory are presented while the second one consists of five scientific papers.
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Sammanfattning

Andelen fiberkomposit som används i lastbärande flygplansstrukturer växer ständ-
igt, samtidigt som aluminiumlegeringar fortfarande används i stor omfattning.
Detta har lett till en ökning av antal hybrida konstruktioner best̊aende av kom-
posit och aluminium. Komponenterna i dessa konstruktioner sammanfogas ofta
med bultförband. Komposit och aluminium uppvisar olika egenskaper när de ut-
sätts för termisk, mekanisk och miljöbaserad p̊averkan, vilket är anledningen till
att de hanteras separat och enligt olika regler i design och certifieringsprocesser.
Nuvarande metodik i flygplansindustrin hanterar inte effekter av samverkan mel-
lan de olika materialen, s̊asom termiskt inducerade laster som uppst̊ar p̊a grund av
olika benägenhet till temperaturutvidgning, vilket leder till att hybrida strukturer
ibland diskvalificeras som ett alternativ. Ökande antal blandstrukturer kräver dock
att metodiken utvecklas till att omfatta även dessa fall.

Den snabba utvecklingen inom beräknings och simuleringstekniken de senaste åren
har gjort det möjligt att, med hjälp av olika simuleringsverktyg, utvärdera material
och strukturbeteende utan att behöva förlita sig p̊a dyrbar och komplex provning
i samma omfattning som tidigare. Problemet är dock att den komplexa skade
och brottprocessen som äger rum i kompositmaterial inte är fullständigt först̊add.
Ytterligare forskningsinsatser krävs för att utveckla tillförlitliga materialmodeller
för implementering i befintliga simuleringsverktyg.

I detta avhandlingsarbete ing̊ar modellering och provning av bultförband i hy-
brida komposit-aluminium strukturer. Fokus ligger p̊a att först̊a brottbeteendet i
kompositen i bultförbandet under statisk och cyklisk belastning, samt hur detta
kan, p̊a ett effektivt sätt, modelleras och inkluderas i större modeller av typiska
skrovkonstruktioner. Utöver det, studeras inverkan av termiskt inducerade laster
p̊a kompositens h̊allfasthet och utmattningslivslängd. Resultaten ligger till grund
för en designstrategi som kan användas i industriella sammanhang.

Avhandlingen best̊ar av tv̊a delar. Den första sammanfattar bakgrunden och teorin
och den andra inneh̊aller fem vetenskapliga artiklar.
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Part I

Theory and Background





Introduction
1

The aircraft industry has for a long time used light-weight materials in load carrying
components. Primarily aluminium alloys, are extensively utilised in the airframe
structural parts due to their high strength-to-weight ratio. The airworthiness,
the structural integrity and the durability of aircraft structures are ensured by a
structural integrity assessment procedure, which was developed over the years, [1].
It includes analytical and experimental techniques for assessing and verifying the
structural behaviour, the fatigue life, the damage tolerance and the residual and
static strength of the aircraft components. Naturally, theses techniques are suited
for assessment of metal structures and are based on the way metals respond to
thermal, mechanical and environmental influence.

The constant striving for structural weight reduction over the last decades, has
led to introduction of other low-weight materials, such as fibre reinforced polymer
(FRP) composites. These materials have been increasingly used in both civil and
military aircraft structure. Figure 1 illustrates the the usage of FRP composites
in the next generation version of the fighter aircraft Gripen.

The FRP composite materials are typically manufactured as laminate plates, where
layers of fibre reinforced polymer, with different fibre orientations, are stacked onto

Carbon-Fibre Composite (CFRP)

Glass-Fibre Composite (GFRP)

Aramid-Fibre Composite (AFRP)

Figure 1. Composite material usage in JAS39 Gripen.
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CHAPTER 1. INTRODUCTION

each other. Such laminates are well-suited to be used for wing skins and other
thin-walled, in-plane loaded components in the aircraft. Another advantage is that
the layup sequence of the laminate can be tailored to fit different requirements of
stiffness and strength. The drawback with FRP laminates is that they have low out-
of-plane strength and are sensitive to impact and to thermal and environmental
influence. Also, they fail due to multiple damage mechanisms and show large
scatter in their material properties which makes the failure modes of large-scale
structures difficult to predict [2]. These circumstances make the analytical and
experimental techniques developed for metals unsuitable for FRP laminates, which
is why other methods had to be developed for composites. It can be added that,
due to their complexity, the damage and fatigue mechanisms in composites are
still not fully understood, which is why most of the failure theories and prediction
models are deficient.

In recent years, there has been a rapid development of computational power and
numerical simulation tools that allow for modelling of large structures, as well as
local detailed problems, such as material failure and joints. Especially theories
adapted for metals, such as the plasticity theory [3–6] and the fracture mechan-
ics theory [7, 8] are well-established within simulation software. Failure theories
for composite materials [9–13], and particularly fatigue failure [14–16], have not
been introduced in the same extent, partly due to the complexity of the damage
mechanisms. Further research efforts are therefore needed in order to develop an
understanding of the failure process from which useful theories can be derived.

Since aluminium alloys are still present in many structural parts, the number of
hybrid composite-aluminium structures has also been increasing. The components
made of the different materials are commonly assembled using bolted joints. In
such mixed structures, problems may arise related to the incompatibility of the
material properties at the interface and the discrepancies in the techniques used
to assess each material type. With a growing number of hybrid structures, these
issues need to be addressed.

One such issue is the thermally induced stress that arises in hybrid structures
at elevated temperature, due to the difference in thermal expansion properties of
composite and aluminium. The aluminium tends to expand while being restrained
by the composite, which results in stresses. In large bolted structures, the thermally
induced stresses can be of significant magnitude even at relatively low temperature
differences and should therefore be accounted for. However, it is unclear how the
presence of the thermally induced loads affects the local failure behaviour of the
bolted joint.

The thermal expansion problem can be simulated with numerical methods but
testing of large structures at elevated temperature is a very complicated matter.
Numerical simulation of failure in structures including a large number of bolted
connections is a challenge in itself. Detailed modelling of each fastener, especially
including failure, results in computationally very extensive analyses. Simplified
methods are therefore needed.
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1.1. AIM AND SCOPE

1.1 Aim and scope

The main focus of this research is directed towards understanding and modelling of
the failure behaviour of the composite under static and fatigue loading in hybrid,
shear loaded bolted structures. The work includes experimental testing of joints at
elevated temperature and modelling of composite material behaviour in the joints,
both on local specimen level and in a large-scale hybrid structure. In addition to
that, the influence of thermally induced loads on the strength and fatigue life is
evaluated in order to establish the basis for a design strategy that can be applied
in the industrial context.

The work has been performed within two industrial research projects. The first
project, HYBRIS - Optimalt utnyttjande av avancerade strukturmaterial i hybrida
skrovkonstruktioner, includes testing at elevated temperature and analyses of a
hybrid wing-like box structure, see Fig. 2, with carbon fibre reinforced polymer
(CFRP) skins and aluminium inner structure. In Paper I, a conceptual study of
different hybrid design solutions and design requirements was performed and in
Paper II the failure of bolted connections in the box was modelled and analysed
using the Finite Element Method (FEM). The testing activities are ongoing and
are not discussed in this thesis.

SPLICE

RIB

SPAR

SKIN

Figure 2. Hybrid wing-like box structure, with CFRP skin and aluminium splice, ribs
and spars, used in the HYBRIS project, dimensions 3300x630x150 mm.

In the second project, NFFP6: Structural assessment of hybrid assemblages, local
bearing failure of the CFRP composite in hybrid bolted joint specimens at elevated
temperature, including thermally induced loads, is studied by testing and analyses.
Modelling of quasi-static failure is treated in Paper III, while Paper IV concerns
constant amplitude fatigue failure and Paper V deals with failure in spectrum
loading.
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CHAPTER 1. INTRODUCTION

1.2 Thesis outline

This dissertation is partly based on my Licentiate of Engineering thesis Strength
analysis and modeling of hybrid composite-aluminium aircraft structures from 2013.
In Chapter 2, a discussion is presented regarding the issues of the aircraft structural
integrity assessment procedure for hybrid composite-aluminium structures. Chap-
ter 3 briefly describes the characteristics of CFRP composites with emphasis on
damage development and failure mechanisms. In Chapter 4, the experimental work
is presented. Modelling of composite material behaviour is discussed in Chapter
5 and in Chapter 6 some aspects of the numerical modelling of bolted joints and
structures are discussed. In Chapter 7, future research topics are outlined and in
Chapter 8 a review of the appended papers is made.
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Structural integrity assessment
2

The structural integrity assessment procedure considers a large number of engineer-
ing aspects and covers the whole life span of the aircraft, from concept to disposal.
This chapter focuses on the structural integrity issues concerning strength, sta-
bility, fatigue life and damage tolerance of hybrid composite-aluminium aircraft
structures.

Military aircraft certification is governed by specifications such as the US MIL-
STD-1530 [1] and the UK Defence Standard [17], which aim to ensure the struc-
tural integrity of an aircraft system through implementation of regulations and
requirements into a procedure consisting of a series of analytical and test related
tasks, see Fig. 3.

Based on the mission analysis, a user profile is established and applied as input to
the load analysis, which determines the magnitude and distribution of significant
static and dynamic loads, that the aircraft structure may encounter during the
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Figure 3. Aircraft structural integrity procedure.
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CHAPTER 2. STRUCTURAL INTEGRITY ASSESSMENT

service. Based on these loads, the structural FE-analysis of the whole aircraft is
performed in order to determine the load distribution.

The stress and life analyses are central tasks in the dimensioning of structural
components. The analyses include determination of the stresses, strains and de-
formations which result from the external loads and environment imposed on the
aircraft structure. In the static strength and stability assessments, the structure is
required to be able to carry the limit load, without acquiring detrimental deforma-
tions which would interfere with its safe operational and maintenance capabilities,
and the ultimate load without rupture or collapsing failure. The limit load is a
load level which is expected not to be exceeded during the aircraft operational life
and the ultimate load is the limit load times a statistical safety factor. The fa-
tigue and damage tolerance assessments are conducted, on the basis of the design
load spectra, to substantiate the ability of the structural components to sustain
the initiation and growth of defects during cyclic loading, until they can be de-
tected. Another important task in the structural integrity assessment process is
the structural testing. Testing can sometimes be performed in early design stages
to estimate the potential of a certain concept, but is required for verification of the
final full-scale design assembly, in order to demonstrate its static strength, fatigue
life and damage tolerance capability.

The framework outlined above is generally applicable for all materials but is imple-
mented using different approaches and methods for composites and for aluminium,
because of their dissimilar material characteristics. For instance, plastic behaviour
of aluminium is taken into account when its response is evaluated in relation to
the limit and ultimate load, and buckling of thin aluminium structures is allowed
as long as the strength and deformation criteria are fulfilled. In the damage tol-
erance approach for aluminium, an initial crack is assumed to exist at the most
stressed spot, and is allowed to grow stably to a certain non-critical length under
operational loads. Analytical methods for fatigue and crack growth in aluminium,
including crack initiation, crack growth and residual strength are well-established.
In test verification of aluminium parts, the highest spectrum loads are disregarded
because they may introduce beneficial compressive residual stresses which delay
crack initiation and growth. To cover the variability in the aluminium fatigue
material properties in testing, safety factors are used on design service life. For
composites, the high spectrum loads are included in the verification testing be-
cause they inflict damage in the composite. The variability of composite fatigue
properties is believed to be significantly larger than that of aluminium, which is
why higher safety factors on design service life are required [18], and consequently
longer testing time. An alternative approach is to use an enhancement factor on the
load level instead. The problem arises in verification testing of hybrid structures
because of the incompatibility of the methods used for each of the constituents.

Unlike metals, composite materials are assumed to have linear elastic response
until failure. Buckling of composite panels is generally not allowed at any load
level because of the sensitivity of composites to out-of-plane stresses and delami-
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nation. Damage tolerance for composites is imposed by considering defects, such
as delaminations and barely visible impact damages, which are not allowed to
grow at all under operational loads or high static loads. Fatigue and damage tol-
erance analysis, similar to the one used for metals, is generally not implemented
for composites. Instead, the fatigue and damage tolerance is addressed by design
precautions, i.e. avoiding out-of-plane stresses, and making sure that the applied
strain is below a proven limit, e.g. the allowable compressive strain for a plate
with an open hole. This approach results in relatively low allowed strains in the
composite and usually a conservative design. The analytical techniques used for
assessment of composite structures are heavily related to testing and are preferably
developed within the Building Block Approach [19, 20]. Initially, a large number of
small specimens are tested and the analytical methods are adapted for this struc-
tural level. Then, increasingly complex structural components are tested and the
analytical methods are adjusted accordingly, based also on the knowledge acquired
in the previous step. By this approach, the risks in technology associated with the
complexity of composites may be detected and eliminated at an early stage.

However, such approach might be inappropriate for assessment of hybrid struc-
tures, since the hybrid effects, e.g. thermally induced loads, are absent at the
small-specimen level. Also, the large diversity of possible failure modes and differ-
ent material property variability of the constituent materials makes it difficult to
determine beforehand the critical mode for a large hybrid structure. For these rea-
sons, large hybrid structures should be tested in the beginning of the assessment,
in order to include the hybrid effects and to determine the critical failure modes
at an early stage. Such testing can be very complex and hard to evaluate, and
a lot of understanding can be acquired by numerical simulations of the structural
behaviour prior to the testing.

In Paper I, a numerical conceptual study of the wing box in Fig. 2 was performed,
involving two different hybrid designs, which were dimensioned against the limit
load, ultimate load and design load spectrum, according to the strength, stabil-
ity, fatigue and damage tolerance requirements described above. The structural
behaviour of the two wing box concepts, in terms of the failure modes, the interac-
tion between composite and aluminium, the thermally induced loads and the mass
was studied. An alternative set of requirements for the composite was then consid-
ered, with the aim to challenge the conservatism of the current design rules and to
study the effect of alternative requirements on the structural behaviour and their
impact on the mass. In the alternative requirement set, buckling was permitted
above a certain load level and the allowable strain was determined from residual
strength tests of impacted specimens.

In the conceptual study, simplified methods were used to assess and compare the
structural behaviour of the two concepts. More accurate predictions of structural
behaviour require reliable modelling techniques for composite failure, for which
thorough understanding of the physical aspect of the failure process is needed.
This is the topic of the next chapter.
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Failure of CFRP composites
3

Typical CFRP composite laminates are manufactured from several unidirectional
layers (also referred to as plies or laminae) of carbon fibre reinforced polymer resin,
stacked in different directions on top of each other, see Fig. 4, and bonded by curing
under elevated pressure and temperature.

x

y 

z 

1 

2 

3 

0º 

90º 

0º 

+45º 

Figure 4. Composite laminate with local and global coordinate systems.

Each ply in itself is a non-homogeneous composition and is usually considered to
be orthotropic. The ply strength and stiffness are high in the longitudinal (1-dir,
parallel to the fibres) direction and low in the transverse (2-dir, perpendicular to
the fibres) and the out-of-plane (3-dir) directions, as shown in Table 1. This prop-
erty can be exploited to customize the stiffness and the strength of the laminate
in different directions, by tailoring the layup sequence to suit the particular ap-
plication. Normally, the laminates are designed to be fibre controlled, i.e. most
of the loads are transferred through the fibres. An example of a fibre controlled
laminate layup is the quasi-isotropic layup, which is a symmetric layup with an
equal number of plies oriented in 0◦, ±45◦ and 90◦ directions with respect to the
global x-axis. Table 1 shows the properties of a quasi-isotropic layup laminate and
of AA7010, an aluminium alloy extensively used in aircraft industry. In compari-
son to AA7010, the composite has a higher strength-to-weight ratio and almost a
negligible thermal expansion coefficient.
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CHAPTER 3. FAILURE OF CFRP COMPOSITES

Unidirectional CFRP composites, where all plies are oriented in the same direction,
typically exhibit a stress-strain relation in the longitudinal and transverse loading
directions which is nearly linear until the onset of failure [10–12], whereupon the
material softens. The in-plane shear stress-strain relation is non-linear due to
the plastic deformation of the matrix [10, 13, 21]. However, in multi-directional
composites, the effect of the shear non-linearity is small, due to the fibre controlled
design of the laminate.

Table 1. Typical elastic, strength and thermal expansion properties of HTA/6376
CFRP unidirectional composite (UD) [19], quasi-isotropic layup (QI) and aluminium
alloy AA7010 [22] at room temperature.

Property HTA/6376 HTA/6376 AA7010
(UD) (QI)

Longitudinal modulus E11 (GPa) 137 54 70
Transverse modulus E22 (GPa) 10 54
Out-of-plane modulus E33 (GPa) 11 11
In-plane shear modulus G12 (GPa) 5.2 21 26
Out-of-plane shear modulus G13 (GPa) 5.2 4.5
Out-of-plane shear modulus G23 (GPa) 3.9 4.5
In-plane Poisson’s ratio ν12 0.3 0.3 0.33
Out-of-plane Poisson’s ratio ν13 0.5 0.33
Out-of-plane Poisson’s ratio ν23 0.5 0.33
Longitudinal tensile strength XT (MPa) 2250 800 490
Longitudinal compressive strength XC (MPa) 1600
Transverse tensile strength YT (MPa) 65
Transverse compressive strength YC (MPa) 300
Out-of-plane tensile strength ZT (MPa) 30
Out-of-plane compressive strength ZC (MPa) 344
In-plane shear strength S12 (MPa) 120
Out-of-plane shear strength S13 (MPa) 80
Out-of-plane shear strength S23 (MPa) 80
Longitudinal thermal expansion coeff. α11 (10−6◦C−1) -0.2 2.1 23.4
Transverse thermal expansion coeff. α22 (10−6◦C−1) 28.0 2.1
Density ρ (kg/m3) 1640 1640 2820

3.1 Static failure

Failure of composite laminates is a complex process driven by several damage mech-
anisms and influenced by the heterogeneous characteristics of the material. Thus,
accounting for all different damage types and their interaction is a very complicated
matter. However, in order to derive useful failure prediction models, the complex
damage modes are often simplified and classified into two main categories [9]: in-
tralaminar and interlaminar damage modes. The intralaminar damage modes take
place within a ply and are mainly triggered by in-plane loads, while the interlaminar
damage occurs between the laminae and is a result of out-of-plane stresses.
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3.1. STATIC FAILURE
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Figure 5. Intralaminar damage modes in longitudinal (1-dir) tensile, transverse (2-dir)
tensile and in-plane shear loading. A) Matrix cracking. B) Fiber fracture with weak
fiber/matrix interface. C) Fiber fracture with strong fiber/matrix interface and brittle
matrix. D) Matrix cracking. E) Fiber/matrix interfacial debonding. F) Matrix cracking.

A further distinction is made between tensile and compressive damage, and fibre
and matrix dominated intralaminar failure, see Figs. 5 and 6. The tensile load
in the lamina longitudinal direction is mainly carried by the fibres and, naturally,
the strength depends on the fracture properties of the fibres. Similarly, the tensile
transverse and shear loading result in matrix cracking and the strength is mainly
depending on the properties of the matrix.

Compressive loading results in different types of failure than in the tensile cases. In
the lamina longitudinal direction, fibre-buckling or kinking mechanisms are usually
triggered, preferably where initial misalignments of the fibres are present [23]. Al-
though this failure is sometimes refereed to as being fibre dominated, the initiation
and the progression of the damage depends on the properties of both the fibres and
the matrix. Failure in compressive transverse loading takes place on an inclined
plane in the matrix and through the fibre-matrix interfaces. The cracking is driven
by the resolved shear stress acting on the plane of fracture [10, 24].

The classification of the failure modes, briefly described above, is an idealized
framework which, by no means, gives the complete description of the failure in a

13



CHAPTER 3. FAILURE OF CFRP COMPOSITES

3

2

1

2

A

B

C

D

σ
11

σ
11

3

2 E

σ
22

σ
22

1

3

B

E

Figure 6. Intralaminar damage modes in longitudinal (1-dir) and transverse (2-dir)
compressive loading. A) Elastic micro-buckling. B) Plastic micro-buckling and kink-
band formation. C) Fiber shear fracture. D) Fiber/matrix interfacial debonding. E)
Matrix shear fracture under compressive load.

composite ply. For instance, it disregards the interaction of the failure modes with
each other in a general loading situation. Nevertheless, recognition of the diversity
of the damage mechanisms in the composite is a valuable insight which indeed
improves development of failure prediction models.

The failure behaviour of multidirectional laminates is even more complex. Each
ply in the laminate is exposed to a different local stress state and the actual failure
mode will therefore vary through the stack. Once the most critical ply in the stack
has began to fail, the stresses will redistribute to the remaining plies, which then
might fail themselves. Thus, the failure of the laminate occurs progressively until no
further loading can be supported. The presence of multiple plies within a laminate
can also have an effect on the the failure progression in the neighbouring layers,
i.e. crack growth in a ply might be restricted by the neighbouring plies, which
gives an increase of the apparent strength of the cracked ply, an effect known as
the in-situ effect [25].

The interlaminar failure in multidirectional laminates takes place in the resin rich
interface area, in the plane between the neighbouring plies. The crack growth
is driven by the out-of-plane stresses and results in separation of the laminae,
which is why it is often referred to as delamination. Due to the low strength of the
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3.2. FATIGUE FAILURE

resin, CFRP laminates generally have a poor interlaminar strength. Delaminations
can easily form from imperfections in the interface, intralaminar matrix cracks or
relatively light impact loading. A typical delamination pattern, caused by a low-
velocity impact, through the section of the wing skin of Gripen is shown in Fig. 7.
Such type of damage significantly reduces the in-plane compressive strength of
the laminate and is difficult to detect. The sensitivity of CFRP laminates to
interlaminar failure is a major drawback because it diminishes the advantage of high
strength of the fibres and instead lets the matrix properties govern the structural
strength.

Impact location 

Delaminations

Matrix cracks

Figure 7. Low-velocity impact damage in the wing skin of the Gripen aircraft.

3.2 Fatigue failure

Fatigue of metals has been studied for a significantly longer time than fatigue of
composites, and today the phenomenon is reasonably well-understood, [26, 27].
Unfortunately, the fatigue of composites has in many contexts been treated using
the framework that was developed for metal fatigue, which in most cases is not quite
relevant. Metal fatigue mechanisms, i.e. dislocation movement, initiation of micro-
cracks and growth of a single dominant crack to unstable failure, do not apply to
composite fatigue. In composites, the fatigue process is driven by the same damage
mechanisms as in quasi-static loading [9], see Figs. 5 and 6, i.e. matrix cracking,
fibre fracture/kinking, fibre-matrix debonding and interlaminar cracking.

In unidirectional laminates, the predominant damage mechanism depends on the
loading direction (on-axis, off-axis, tensile or compressive), strain level and material
properties. Tensile fatigue loading in longitudinal direction results in fibre breakage
at high strain levels (type B and C in Fig. 5), matrix cracking which may trigger
fibre-matrix interfacial cracking at intermediate strains (type A and E) and matrix
cracking at low strains (type A) [9]. The fatigue limit is governed by the fatigue
limit of the matrix. Compressive fatigue may involve micro-buckling of the fibres.
If the load is inclined to the fibre direction the cracks will initiate either in the
matrix (type D or F) or in the fibre-matrix interface (type E) and propagate along
the fibres.
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Generally, the fatigue failure in multidirectional laminates is initiated by matrix
cracking or/and fibre-matrix interface debonding. The cracking occurs at increas-
ing number of locations in the composite and may propagate during the cycling. As
the loading continues, the intralaminar cracks propagate, which in turn increases
the interlaminar stresses and promotes delamination and further matrix cracking
[28]. The fatigue damage increase is also accompanied by reduction of the stiffness
and of the in-plane stress concentrations. Eventually, the matrix will degrade to
the point where it no longer can support the fibres and micro-buckling (at com-
pressive loading) and fibre fracture (at tensile loading) will take place. At this
stage, the structural failure is imminent. The contribution of each mechanism to
the total fatigue damage varies depending on the loading state, frequency, stacking
sequence, geometry, material properties, environment etc.

3.3 Bolted joints

The failure of composite material in shear loaded bolted joints is, on micro level,
driven by the damage mechanisms described in the previous two sections. On struc-
tural (or macroscopic) level, several different failure modes can be distinguished
[29], and the most common ones are shown in Fig. 8.

Net-section failure Bearing failure Shear-out failure

Bolt failure

Figure 8. Structural failure modes of composite in a bolted joint.

Net-section failure occurs due to the by-pass loads which cause tangential stresses
at the hole edge. It is much like the failure in an open hole plate and occurs for
high hole diameter to plate width ratios. Bearing failure is a compressive failure
mode which is caused by the contact pressure acting on the hole edge. In contrast
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to the other failure modes, the damage in bearing failure is developed gradually,
which increases the probability of detection and makes this the preferred failure
mode. Shear-out mode occurs due to shear stresses where the edge distance is
short. The failure of the bolt is caused by the shear and the bending stresses in the
bolt shank and occurs often as a secondary failure mode after the bearing failure
has already been initiated. The focus of this work is on the bearing failure.

As seen in multiple experimental studies [30–35], the static bearing failure process
begins with intralaminar matrix cracking at the hole edge, followed by fibre cracking
and delamination. Finally, fibre kinking takes place at the hole edge and spreads
thereafter in the radial direction, whereupon structural failure occurs. Similarly,
studies of bearing failure in cyclic loading [36–42], reveal matrix shear cracking and
delamination and in some cases bolt fatigue failure. Significant increase in com-
pliance, accompanied by hole elongation is observed during the cycling. Bearing
failure is specific in the sense that most of the damage accumulation takes place in
the area of contact between the bolt and the bolt hole edge. The material softening
that takes place affects the contact area and how the force is transmitted from the
bolt to the hole edge during the loading. This has influence on the strength and
the stiffness of joint and it also creates convergence difficulties in the context of
numerical simulation.

There are many other factors that influence the failure behaviour and the strength
of shear loaded bolted joints [43] and many of them have been studied in the
literature using both experimental and analytical methods. Some examples are
laminate type, friction [44], secondary bending and bolt tilting [45, 46], amount
of by-pass and bearing load [47], fastener type (countersunk or protruding head)
[31–33, 36, 48, 49], load transfer [50], pretension, [51], clearance [52–54] etc. Most
of the studies were performed on specimens with only a few bolts and in some cases
only one.

In order to produce accurate numerical predictions of the joint failure, the joint
model needs to be able to take into account these factors. This usually results in a
detailed, computationally heavy model and long analysis time, which means that
only a few bolts can be included in the analysis. For the problems including many
fasteners, e.g. the thermally induced loads in a long joint, some simplifications
must be introduced in order to have a manageable model. In Paper II, a method
was developed to incorporate the local failure behaviour of a single-bolt, composite-
aluminium joint into a large FE-model using simple line elements. The method was
demonstrated on the box structure in Fig. 2, where the progressive failure of the
bolts was studied in bending/twisting loading of the box at elevated temperature.
Modelling details are described in Chapter 6.

The effect of the thermally induced loads on the local behaviour of a joint is
difficult and expensive to study experimentally in a long joint. In order for the
thermally induced bolt loads to arise, the structure would have to be exposed
to elevated temperature, which is a difficult task to perform in an experimental
setup. Furthermore, to study the failure, it is desirable to test several objects to
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increase the statistical confidence of the results and also to explore different testing
conditions.

Typically, the thermally induced bolt loads in a rib-wise airframe joint are directed
normal to the mechanical loads and distributed so that the maximal bolt load is
obtained at the end-bolt in the joint, see Fig. 9(a), creating a biaxial bearing load
state. In Paper III, Paper IV and Paper V, a simple two-bolt CFRP composite
test specimen is used, see Fig. 9(b), that simulates the biaxial loading situation
at the end-bolt in a long joint. The thermally induced bolt loads are applied by
mechanical actuators. The small size of the specimen facilitates its manageability
and allows for easy application of the elevated ambient temperature conditions.
Further details of the conducted experiments are presented in Chapter 4.

(a) Hybrid joint. (b) Two-bolt specimen.

Figure 9. Mechanically and thermally induced bolt loads in a composite plate in a
hybrid bolted joint, and a simple two-bolt specimen.

The described failure of composite in static and cyclic loading, and in the bolted
joints is used as the basis for the modelling work, which is described in Chapters
5 and 6.
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Experimental work
4

The purpose of this experimental study was to investigate the effects of biaxial
bearing loading on the failure behaviour of CFRP composite in static, constant
amplitude and spectrum loading, and also to study the damage mechanisms in
order to understand the failure process. The biaxial loading is applied in a specifi-
cally designed test rig and the damage observations are performed using an optical
microscope.

4.1 Test setup

The experiments were conducted on two-bolt specimens, see Fig. 9(b), in a double-
lap joint arrangement. A rig was designed where the mechanical load, F and the
thermally induced load, Fth, were applied to the specimens via four L-shaped steel
plates, which were bolted to the specimens, see Fig. 10.

th

th

Specimen

Furnace
Steel frame

Figure 10. Experimental setup.
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The mechanical load was imposed in the vertical direction, by the vertical load
frame, while the thermally induced load was applied, independently of the me-
chanical load, in the horizontal direction by actuators connected to a surrounding
steel frame. By this arrangement, a biaxial bearing load state was applied to the
specimens in static, constant amplitude and spectrum loading. To achieve elevated
temperature, the specimens were placed inside a metal furnace where the air was
heated to 90◦C.

Five specimens were tested in static loading, 16 in constant amplitude loading and
18 in spectrum loading. For the spectrum loading, a standard fighter aircraft wing
bending spectrum FALSTAFF [55] was used. All biaxially loaded specimens were
exposed to a constant thermally induced load at a level of approximately half of
the static bearing strength, which was applied prior to the mechanical load. The
applied load, the grip displacements in the vertical and horizontal directions and
the number of cycles to failure were recorded. Most of the specimens were loaded to
failure while three tests were interrupted prior to failure, whereupon the specimens
were cut along the bearing plane and examined in an optical microscope.

4.2 Damage observations

Figures 11 and 12 show the images of the bearing planes of the three specimens
that were examined.

In the quasi-statically loaded specimen, Fig. 11, the damage manifests itself as dis-
tinct inclined shear bands consisting of kinked plies and matrix cracks, which seem
to initiate at the hole edge and then spread inwards the laminate. Delaminations

Hole edge

Kinking

Delamination

Matrix crack

Figure 11. Microscope images of the bearing plane of the uniaxially statically loaded
specimen at 90% of the failure load.
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were also observed near the bolt hole. A detailed discussion of the static testing
results is included in Paper III.

In the specimens loaded uniaxially and biaxially at constant amplitude, Fig. 12,
the damage pattern appears to be different than in the static loading case. No
distinct shear bands are observable, instead extensive crushing of the hole edge
is seen, where ply fracture, matrix cracking and delamination have taken place.
Further away from the hole, the plies seem to have bent continuously, without
being kinked. Zooming in into this area reveals extensive matrix micro-cracking
and fibre-matrix debonding damage. A more detailed discussion is presented in
Paper IV, where these damage modes were identified as the driving mechanisms
of the fatigue failure.

 

 

 

 

Matrix cracks

 
 

 

Uniaxial load Biaxial load

 

 

   Hole edge

Figure 12. Microscope images of the bearing plane of the uniaxially and biaxially loaded
specimens at constant amplitude, after half of the fatigue life.
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Another observation, which was made both in constant amplitude loading in Paper
IV and in spectrum loading in Paper V, was that the joint compliance increased
continuously during the cycling. The increase was noticed in both uniaxial and
biaxial loading and was attributed to the softening of the composite material in
the area around the hole due to the fatigue damage accumulation.

In static loading, the resultant bolt load at failure was nearly the same in uniaxial
and biaxial loading, i.e. the thermally induced load had no effect on the static
bearing strength. In constant amplitude and spectrum loading, however, longer
fatigue life was obtained in biaxial loading for the same maximum resultant bolt
load, although a large scatter was observed in the fatigue life of the spectrum loaded
specimens. This effect was explained by the lower stress range in the biaxial case.
These results can be utilized in dimensioning situations to conservatively design
biaxially loaded bolt holes based on data obtained in uniaxial loading.
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Material modelling
5

This chapter presents material modelling techniques for composite laminates. More
specifically elastic behaviour, quasi-static failure including failure initiation and
damage progression, and fatigue life prediction will be discussed. Some of the
models are utilized in this research work in a modified form while others are pre-
sented for the sake of completeness.

5.1 Elastic behaviour

A thorough description of elastic behaviour of composite plates can be found in
[11, 12, 56]. On the micro level, each lamina of FRP material is a heterogeneous
unit consisting of fibres and matrix, see Fig. 4. The macro mechanical view of
a lamina involves combining the properties of the constituents into homogeneous
lamina properties. The elastic constitutive response of any material point within
a lamina is then described by Hooke’s generalized law

σij = Cijklεkl or εij = Sijklσkl (5.1)

where Cijkl and Sijkl are the fourth-order homogenized stiffness and compliance
tensors respectively, and where σij and εkl are the stress and strain tensors, re-
spectively. Both the stiffness and the compliance tensor have minor and major
symmetry properties and are positive definite. If the lamina is considered to be
orthotropic and the material coordinate axes are chosen as the local lamina mate-
rial directions 1, 2, 3 in Fig. 4, the second relation in Eq. (5.1) can be written in
matrix form using Voigt notation in terms of engineering elastic constants as
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(5.2)

where E1, E2, E3 are Young’s moduli in the principal material directions, νij, i 6= j
are Poisson’s ratios and G12, G13, G23 are shear moduli. The symmetry of the
compliance matrix implies the relation

νij
Ei

=
νji
Ej

(5.3)

with no sum on i and j, which results in 9 independent coefficients. If the thickness
of a lamina is considered to be small compared to its other dimensions, as in the
membrane or shell finite element formulations, the state of plane stress is assumed,
which cancels the third, the fifth and the sixth row and column of the compliance
matrix in Eq. (5.2). Inverting the plane stress relation, the following equations are
obtained



σ11
σ22
σ12


 =

1

1− ν12ν21




E1 ν21E1 0

ν12E2 E2 0

0 0 (1− ν12ν21)G12






ε11
ε22
2ε12


 or σ = Qε (5.4)

where σ is the stress matrix, ε is the strain matrix and Q is the lamina stiffness
matrix.

The equations presented above are used within the classical laminate plate theory
[56] to construct the corresponding relation for a laminate. Assuming uniform
laminae thickness and applying the Kirchhoff assumption, i.e. that the straight
lines perpendicular to the mid-surface of the plate remain straight, perpendicular
and inextended after the deformation, the laminate strain matrix can be written
as
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ε̄ = ε̄0 + zκ̄ (5.5)

where ε̄ = [εx εy γxy]
T is the laminate strain matrix given in the global co-

ordinate system, ε̄0 = [εx0 εy0 γxy0]
T is laminate mid-surface strain matrix,

κ̄ = [κx κy κxy]
T is the laminate curvature matrix and z is the distance from the

laminate mid-plane in the thickness direction.

Cross sectional distributed force and moment matrices N = [Nx Ny Nxy]
T and

M = [Mx My Mxy]
T are defined according to

[
N
M

]
=

[
A B

B D

] [
ε̄0
κ̄

]
(5.6)

where the so-called ABD-matrix is given by

[
A,B,D

]
=

n∑

k=1

Q̄k

∫ zk+1

zk

[
1, z, z2

]
dz (5.7)

and where Q̄k = T kQkT
T
k is the stiffness matrix of the kth lamina in the global

coordinate system,Qk is the lamina stiffness matrix as defined in Eq. (5.4), zk is the
z-coordinate of the kth lamina and T k is the transformation matrix for the lamina
stresses from the local to the global coordinate system. Solving Eq. (5.6) for ε̄0
and κ̄, and substituting into Eq. (5.5) gives the strains ε̄ over the laminate cross-
section, which can be transformed to lamina strains εk using T T

k and to lamina
stresses via Eq. (5.4) for each lamina.

The effects of hygrothermal expansion and can be included by adding the hy-
grothermal strain to the RHS of the second equation in Eq. (5.1)

εHT
ij = αij∆T + βij∆c (5.8)

where αij is the thermal expansion tensor, ∆T is the temperature change, βij is the
moisture expansion tensor and ∆c is the change in the moisture content. Further
derivation to Eq. (5.6) is straight-forward.

When individual laminae are modelled using 3D solid finite elements, cf. Paper II
and Paper III, the inverse of the matrix in Eq. (5.2) enters the element stiffness
matrix. The laminate is then modelled by representing each lamina with one or
more elements through the thickness. If the whole stack, or parts of it, are modelled
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using membrane (cf. Paper IV and Paper V), plate, shell (cf. Paper I and Paper
II) or single solid elements, then the A, B and D matrices are used in the element
stiffness matrix. Irrespective of the modelling approach, the resulting quantities
are the homogenized lamina strains and stresses, which can be evaluated against
the failure criteria also given in homogenized quantities. However, in Paper IV
and Paper V, the assumption is made that the fatigue failure takes place in the
matrix and consequently the failure criterion is based on the homogenized matrix
stresses σm within a ply. These are computed using the multi-continuum theory
[57, 58], which is a micro-mechanics theory based on stress and strain averaging
over each constituents representative volume. The following is obtained

σm = φmQm

(
Q(I − (Q−Qf )−1(Q−Qm))

)−1
σ (5.9)

where φm is the matrix volume fraction, and Qm and Qf are the matrix and
fibre stiffness matrices, respectively. Equation (5.9) can be modified to include the
effects of hygrothermal expansion, cf. Paper IV and [57, 58].

5.2 Static failure

In Chapter 3, the static failure of a laminate was described as a progressive fail-
ure event where the load is redistributed from the completely or partially failed
layers to other layers which then might develop damage and fail. Such procedure
can preferably be simulated by an iterative procedure where the load is increased
incrementally and each layer is checked for damage in each increment. Once the
damage has occurred in a layer, its stiffness properties are reduced and the loads
are redistributed by consideration of equilibrium. The load is increased until all
layers have completely failed and no residual stiffness remains. The point of fail-
ure initiation is specified by a suitable failure initiation criterion, a topic which is
discussed in the next section.

5.2.1 Failure initiation criteria

A vast number of composite failure criteria has been introduced over the years, cov-
ering both intralaminar and interlaminar failure, where some of them are reviewed
in [59]. An assessment and comparison of the predictive capabilities of a large num-
ber of existing intralaminar failure criteria was conducted in [60] in a World-Wide
Failure Exercise (WWFE). Although some criteria performed better than others,
no single criterion could accurately predict failure in all examined cases and some
user recommendations were given [61]. A brief overview and discussion of different
types of criteria is presented next.
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The failure criteria are commonly expressed in terms of homogenized lamina stresses
or strains in the form

Fm(σij, εij, σ̃ij, ε̃ij) = 1 (5.10)

where σ̃ij and ε̃ij symbolically denote the lamina strengths and failure strains
respectively, and where Fm denotes the failure initiation function of mode m.

Limit criteria

This is the simplest type of intralaminar criteria, where the failure initiation is
assumed to occur when any of the lamina stress/strain components reaches its
limit value. No interaction effects between the stress components are considered.
The maximum stress criterion reads

σ11
X

= 1 where
X = XT if σ11 > 0
X = −XC if σ11 < 0

(5.11a)

σ22
Y

= 1 where
Y = YT if σ22 > 0
Y = −YC if σ22 < 0

(5.11b)

|σ12|
S12

= 1 (5.11c)

where XT and XC are the lamina tensile and compressive strength in fibre direction,
YT and YC are the tensile and compressive strength in transverse direction and S12

is the shear strength.

Polynomial criteria

This type of criteria states a single scalar-valued function including all in-plane
stress components

F = Fijσij +Gijσikσkj + ... = 1 (5.12)

where i, j = 1, 2, and where Fij and Gij are material parameter tensors. One of
the earliest intralaminar polynomial criteria, the Tsai-Hill criterion, was proposed
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by Azzi and Tsai [62] and was based on Hill’s criterion [6] for ductile anisotropic
metal sheets. It yields

(σ11
X

)2
+
(σ22
Y

)2
+

(
σ12
S12

)2

− σ11σ22
X2

= 1 where

X = XT if σ11 > 0
X = −XC if σ11 < 0
Y = YT if σ22 > 0
Y = −YC if σ22 < 0

(5.13)

Although the criterion takes into account the interaction of the stress components
it is based on the yielding mechanisms that take place in metals and not the
diverse failure mechanisms associated with composites. Due to its lack of relevance
for composites the Tsai-Hill criterion has been been the object of some criticism,
for instance in [63, 64]. Another well-known polynomial criterion, which suffers
from the same drawback, is the Tsai-Wu criterion [65] which states that failure
initiation occurs when

σ2
11

XTXC

+
σ2
22

YTYC
+
σ2
12

S2
12

−2F12σ11σ22 +(
1

XT

− 1

XC

)σ11 +(
1

YT
− 1

YC
)σ22 = 1 (5.14)

The criterion requires, besides the five already mentioned strength constants, the
interaction material parameter F12, which is obtained by a biaxial load test.

Criteria based on physical considerations

The assessment of the physical failure process described in Chapter 3 implies that
a failure criterion should include a distinction between the fibre dominated and the
matrix dominated failure modes. Indeed, many different criteria have been derived
based on the physical characteristics of the failure, and which accordingly incorpo-
rate this distinction. A widely used 2D criterion, known as the Hashin criterion
was published in [66] and was later modified into a 3D form in [67], recognizes four
distinct types of failure

Tensile fiber failure (σ11 > 0)

(
σ11
XT

)2

+
1

S2
12

(σ2
12 + σ2

13) = 1 (5.15a)

Compressive fiber failure (σ11 < 0)

−σ11
XC

= 1 (5.15b)
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Tensile matrix failure (σ22 + σ33 > 0)

1

Y 2
T

(σ22 + σ33)
2 +

1

S2
23

(σ2
23 − σ22σ33) +

1

S2
12

(σ2
12 + σ2

13) = 1 (5.15c)

Compressive matrix failure (σ22 + σ33 < 0)

1

YC

[(
YC
S23

)2

− 1

]
(σ22+σ33)+

1

4S2
23

(σ22+σ33)
2+

1

S2
23

(σ2
23−σ22σ33)+

1

S2
12

(σ2
12+σ

2
13) = 1

(5.15d)

The 2D version of this criterion was used in Paper III. In between the two Hashin
publications, Yamada and Sun [68] proposed a criterion suited for the fibre con-
trolled laminates which is similar to the Tsai-Hill criterion if σ22 = 0

(σ11
X

)2
+

(
σ12
Sis

)2

= 1 where
X = XT if σ11 > 0
X = −XC if σ11 < 0

(5.16)

where Sis is the in-situ lamina shear strength, determined from measurement in
cross-ply laminates. Based on this expression, Chang and Chang [69] and Chang
and Lessard [70], proposed another criterion, in which shear strain-stress non-
linearity [71] was included in form of a third-order polynomial. Further modi-
fications, as including the out-of-plane stresses were introduced by Olmedo and
Santiuste [72]. This criterion is used in Paper II of this thesis, in the context of
FE-modelling of bolted joint failure using solid elements. It yields

Tensile fiber failure (σ11 > 0)

√√√√√√√

(
σ11
XT

)2

+

τ 212
2G12

+
3

4
ατ 412

S2
12

2G12

+
3

4
αS4

12

+

τ 213
2G13

+
3

4
ατ 413

S2
13

2G13

+
3

4
αS4

13

= 1 (5.17a)

Compressive fibre failure (σ11 < 0)

−σ11
XC

= 1 (5.17b)
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Matrix in-plane failure

√√√√√√√
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4
αS4

23

= 1 where
Y = YT if σ22 > 0
Y = −YC if σ22 < 0

(5.17c)

Matrix out-of-plane failure
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= 1 where
Z = ZT if σ33 > 0
Z = −ZC if σ33 < 0

(5.17d)

Fibre-matrix shearing failure (σ11 < 0)

√√√√√√√

(
σ11
XC

)2

+

τ 212
2G12

+
3

4
ατ 412

S2
12

2G12

+
3

4
αS4

12

+

τ 213
2G13

+
3

4
ατ 413

S2
13

2G13

+
3

4
αS4
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= 1 (5.17e)

where ZT and ZC are the lamina tensile and compressive strength in the out-of-
plane direction and where α is a fitting parameter.

More elaborate models were proposed by Puck and Schürmann in [24] and [73],
where the angle of the matrix crack was considered and several matrix failure modes
were identified. Further development of Puck’s criterion was performed by Davila
et al. in [74] involving critical planes for matrix cracks, fibre-matrix interaction
in kinking failure and determination of in-situ strength of embedded plies using
fracture mechanics. The latter was utilized in static failure modelling of bolted
joints in Paper III. A 3D version of this criterion including shear non-linearity
was developed in [75].

The review in [59], refers to a variety of different criteria for initiation of interlami-
nar failure and growth of delaminations. The majority of the initiation criteria are
generally polynomial expressions containing out-of-plane normal and shear stresses
and strengths, cf. Eq. (5.12). In Paper III delamination in the bolted joint was
modelled using cohesive interface elements embedded between the plies and the
delamination initiation was based on a quadratic traction criterion.
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5.2.2 Damage progression

After the failure has initiated, damage accumulation and energy dissipation take
place until complete failure. During the damage progression stage, a significant loss
of stiffness is observed. A common modelling approach, known as the ply-discount
method, is to reduce the relevant lamina stiffness terms after the failure initiation
criterion has been fulfilled. The stiffness terms are chosen depending on the failure
mode, but the reduction level to which they are reduced is somewhat arbitrary.
The approach has been implemented in bolted joint models in a number of studies
[72, 76–80] and has also been used in Paper II.

Another approach, which has more physical relevance as well as a firm theoretical
basis, is the continuum damage mechanics (CDM) approach [81]. Typically, the
damage is not represented as a discrete entity, e.g. a crack, but as a distributed
quantity related to a certain damage mechanism, and accounted for by a damage
variable. When the failure initiation criterion is fulfilled, the damage variable
activates and accumulates, according to a damage evolution law, with continued
loading, until complete failure. The material exhibits a softening behaviour after
failure initiation. A large number of CDM-models is published in the literature
and some examples are found in [82–87]. The typical framework is based on the
second law of thermodynamics, which is expressed through the Clausius-Duhem
inequality [3], which at constant temperature can be written as

Ġ− σ̇ijεij ≥ 0 (5.18)

where G = G(σij, dm) is the complementary energy and dm is the damage variable
of mode m. Differentiation gives

(
∂G

∂σij
− εij

)
σ̇ij +

∂G

∂dm
ḋm ≥ 0 (5.19)

which must hold for arbitrary processes. As the dissipation is zero for processes
without damage evolution, it follows that, for such situations, the expression in the
parenthesis must equal zero, which with Eq. (5.1) gives

εij =
∂G

∂σij
= Sijklσkl (5.20a)

Assuming this relation to hold for all processes, one gets

∂G

∂dm
ḋm ≥ 0 (5.20b)
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The expression in Eq. (5.20a) implies that the compliance tensor depends on the
damage variables while the inequality in Eq. (5.20b) states that the energy dissipa-
tion due to the change of damage state cannot be negative. If the complementary
energy has been chosen so that the thermo-dynamic forces ∂G/∂dm are positive,
the sufficient condition for fulfilment of the second law is that the rates of the
damage variables are non-negative.

The damage is, in the classical sense of CDM, thought of as the loss of stress
transmitting area. The remaining, undamaged area, is subjected to the effective
stress σ̂ij, which is related to the nominal stress through the damage operator Mijkl

as

σ̂ij = Mijklσkl (5.21)

and to the strain through the undamaged compliance tensor S0
ijkl, i.e. the compli-

ance tensor for dm = 0, as

εij = S0
ijklσ̂kl (5.22)

Combining Eq. (5.22) and (5.21) gives

εij = S0
ijklMklmnσmn (5.23)

which, when compared to Eq. (5.20a), gives the compliance tensor Sijmn = S0
ijklMklmn.

The damage dependence of the compliance tensor, and thus also the stiffness tensor,
is entirely controlled by the damage operator Mijkl, which in turn is a function of
the damage variables. An example of such a damage operator, using the Voigt
notation, can be found in [85]

M =




1

1− df
0 0

0
1

1− dm
0

0 0
1

1− ds




(5.24)

where df , dm and ds are the damage variables related to fibre, matrix and shear
damage, respectively. To complete the model, a damage evolution law is needed.
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It can be written directly, as in Paper III where the damage evolution is formu-
lated such that linear softening, in terms of relevant strain and stress measures, is
obtained. Another way to determine the damage rate is from a potential function,
similar to the flow potential function in the plasticity theory, which depends on
the hardening parameters and internal variables [3, 88].

Interlaminar damage progression is modelled in Paper III using cohesive interface
elements [89], in which the damage is represented by a single scalar damage variable,
expressed in terms of the relative displacement of the interfaces. The damage
evolution law describes a linear softening traction-separation behaviour, similar to
the one used in the intralaminar CDM-model.

5.3 Fatigue failure

There is a large variety of fatigue failure prediction models available in the litera-
ture [14–16, 90, 91], ranging from fatigue life models based on experimental data
fitted to S-N type curves, to phenomenological models where empirically deter-
mined evolution laws control the degradation of the stiffness and strength, and
progressive damage type models where a damage mechanism is represented by a
damage variable which accumulates during the cyclic loading. Many of the models
require a large number of material parameters which are only valid for the type
of laminate and loading conditions that they were determined for. The damage
accumulation at spectrum loading is, in most models, considered by an empirical
damage accumulation law, similar to the Miner’s rule for metals.

The fatigue failure prediction model implemented in this work, cf. Paper IV and
Paper V, is motivated by the experimental finding that the matrix cracking is the
main driving mechanism for fatigue failure. Based on that, the kinetic theory of
fracture for polymers [92–94] is adopted as the modelling framework and adapted
for constant amplitude and spectrum loading. Similar work has previously been
done for constant amplitude loading in [95–98]. The theory describes the matrix
cracking as a thermally activated process, in which the rupture rate of atomic
bonds, Kb, is increased by the presence of the cyclic homogenized matrix stress,
Eq. (5.9). The rate of bond rupture is then

Ṅ = (NT −N)Kb(σm(t), T ) (5.25)

where NT − N is the concentration of available weak points, T is the absolute
temperature and t is the time. Integrating Eq. (5.25) over the matrix stress history
results in a damage parameter expression. When the damage parameter reaches a
critical value, a matrix crack is considered to be formed. The damage parameter
expression includes the influence of the loading frequency, the temperature and
the load ratio on the fatigue life, which greatly reduces the need for material
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characterization as only four parameters control the material behaviour. In Paper
IV and Paper V, the model parameters were fitted to the data for un-notched
specimens, loaded at constant amplitude at three different stress ratios. Using
these parameters, it was possible to make reasonable predictions of the fatigue life
of notched specimens and the composite plate in the bolted joints at uniaxial and
biaxial, constant amplitude and spectrum loadings. The drawback of the model is
that the hysteresis heating, due to the cyclic loading, has to be accounted for in
order to achieve the correct model behaviour for different load ratios.

Interlaminar fatigue failure and material degradation due to cycling loading was
not considered in this work.
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6

This chapter includes a brief summary of the FE-techniques used in this work
to model the failure of composite in bolted joints: detailed modelling of quasi-
static failure, simplified modelling of failure using structural line elements and
modelling of fatigue failure. General theoretical background of the FEM-technique
can be found in books like [99–101], while composite specific topics in are treated
in e.g. [88, 102, 103].

6.1 Modelling of quasi-static failure

A large number of FE-studies of bolted joints with composite plates exist in the
literature [104]. They range from 2D models with rigid pins representing the bolt
[78, 105, 106], to 3D solid models with or without damage development in the
composite [47, 52, 72, 76, 80, 103, 107–111] and they include parameters such as
bolt pretension, bolt clearance, the effect of countersunk/protruding bolt heads,
different failure initiation and damage progression models, by-pass loading, im-
plicit/explicit solution methods etc. This work includes solid models of countersunk
single-lap joints, cf. Paper II, and a protruding head double-lap joint, cf. Paper
III, which were created and analysed in the commercial software Abaqus [112].
Each ply in the composite plate is, in both cases, represented with one eight-node,
reduced integration solid 3D element in the thickness direction.

The purpose of the modelling of the single-lap joints in Paper II was to derive their
local force-displacement responses, which were then inserted as the characteristics
of the structural line elements representing the fasteners in a global model of the
wing box in Fig. 2. The damage progression in the composite was handled by a user-
defined subroutine, utilizing the failure criterion in Eq. (5.17) and the ply-discount
method with the sudden degradation of the stiffness parameters as in [79, 80]. The
solution was performed in small load increments by the standard Newton-Raphson
algorithm, where the material subroutine was executed in each increment. Contact
conditions, including friction with frictional coefficients from [113], were prescribed
for all interfaces between the bolt and the plates. The predicted force-displacement
response of the joint correlated well with experimental results from [30], although
the maximum bearing load was somewhat over predicted. It was concluded that,
despite the phenomenological nature of the sudden stiffness degradation in the ply-
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discount method, the models were useful for deriving the generic force-displacement
response.

In Paper III, the aim of the modelling was to simulate the bearing failure process
observed in the uniaxially and biaxially loaded test specimens. An intralaminar
CDM-model with the Hashin failure criterion, Eq. (5.15), and linear stress-strain
softening was implemented as a subroutine for this purpose. The failure strain was
determined from experimentally obtained fracture energies related to each failure
mode. Delaminations were modelled using cohesive elements embedded between
each ply in the laminate. The solution was performed by an explicit time-stepping
algorithm, which eliminated the contact convergence difficulties encountered in
the implicit solution in Paper II. This approach gave physically more relevant
results than the one in Paper II, as the influence of each of the main damage
modes on the failure process was captured. Furthermore, the predicted failure load
correlated well with the experimental results, for both uniaxially and biaxially
loaded specimens.

6.2 Structural modelling

The modelling methods described in the previous section are computationally ex-
pensive and are therefore not suitable for modelling structures with many fasteners.
Simplified methods have therefore been introduced by several authors, for instance
Weyer et al. [114] used Abaqus connector elements to model self-piercing rivets,
Gray and McCarhty connected beam elements to a cylindrical rigid surface to
represent the bolt in [115] and implemented a user-defined element in [116], Ekh
and Schön [117] used beam elements to represent the bolt and the laminates, and
connector elements to account for the bolt-hole clearance and friction.

In Paper I and Paper II the bolts were represented by Abaqus connector ele-
ments, while the plates were modelled using conventional shell elements and con-
tinuum shell elements [118]. Connector elements impose a force-displacement con-
straint between two nodes, which can be defined by the user. In the conceptual
study of the wing box, cf. Paper I, the connector elements were assigned a linear
elastic stiffness and the models were used to determine the bolt load distribu-
tion. In Paper II, the force-displacement curves were derived from local models,
described in the previous section, and assigned to the in-plane resultant of the con-
nector elements. This method includes the effects of the composite damage and
aluminium plasticity into the structural model in an efficient way. Furthermore,
it was possible to remove individual fastener elements after they had failed, and
thereby simulate the progressive failure of bolts within a bolt row. Assuming only
linear force-displacement behaviour tends to over-predict the maximum bolt load
in the structure and results in an incorrect bolt load distribution at high load lev-
els. It was also found, that the thermally induced bolt loads were of significant
magnitude.
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6.3 Fatigue failure modelling

The number of published FE-based studies of fatigue failure in composite bolted
joints is small. Shokrieh and Lessard [119, 120] developed a phenomenological
approach based on iterative degradation of the stiffness and residual strength and
implemented it in an FE-based procedure. Close predictions of fatigue failure
were attained for several pin-loaded laminates. Although the model works well, it
requires a fair amount of material data in terms of stiffness and strength in different
laminate directions.

In Paper IV and Paper V, the fatigue failure model described in Section 5.3 was
implemented in a 2D FE-model of the bolted composite specimen. Both constant
amplitude and variable amplitude loading were considered, in uniaxial and biaxial
bearing load states. The FE-model was made of iso-parametric quadrilateral, eight-
node plain stress elements, integrated with a full Gauss quadrature integration rule
and with linear elastic orthotropic material behaviour. The bolt load was applied
by enforcing a constraint relation on the nodes, along a semi-circle on the hole
edge in the direction of the resultant bolt load. These nodes were only allowed to
move on the edge of a circle, representing the bolt, whose centre was assigned a
prescribed displacement. By this approach it was possible to avoid iterative contact
modelling and to save computational time.

The numerical analysis procedure was broken down in several blocks, as shown
schematically in Fig. 13. First, the finite element analyses were performed, where
the displacements for load cases with the maximum applied mechanical cyclic load,
Fmax, and the thermally induced load, Fth were calculated. From the displacement
field vector, u, the homogenised lamina stress vector, σ, in each layer was com-
puted using the classical laminate theory. In the next step, the multi-continuum
theory was introduced to the to compute the homogenised matrix stress vector,
σm, cf. Eq. (5.9). In the last step the failure criterion is applied, by integration of
the stress history in Eq. (5.25), to compute the fatigue life Nf .
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Figure 13. Flowchart of the computational procedure.
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The predictions of the fatigue life complied reasonably well with the experimental
results for both constant and variable amplitude loading, although a large scatter
was obtained in the experimental data. The simulated results helped in making a
clear distinction between the results from the uniaxial and biaxial loading state in
spectrum loading, which were otherwise clouded by the scatter.

The shortcoming of the model is that it predicts the failure in a single material
point, whereas the experimental data refers to structural failure. This discrepancy
was overcome with the help of the observation that the out-of-plane bending of the
softened plies was restricted by the presence of the washer, which probably delayed
the structural failure. Therefore, the prediction of the structural failure in the sim-
ulations was defined as failure of the first point outside the washer area. This seems
to have worked well in this case. However, a general procedure for computation of
structural fatigue life should include the effects of the material softening and the
reduction of the residual strength. This could possibly be achieved by introduction
of a relation between the increase of the damage variable and the reduction of the
stiffness and strength parameters, but is for now considered as a possible future
research topic.
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The overall goal of this research is to develop efficient tools and methods which can
be incorporated in the structural integrity assessment procedure and facilitate the
certification process of hybrid aircraft structures. This requires an understanding
of the local material phenomena but also efficient technical solutions that can
incorporate the local material behaviour in large scale structures.

The local influence of the thermally induced loads on the composite failure has to
some extent been evaluated, but the response of the aluminium part of the joint is
yet to be studied. It is well-known that the fretting due to the contact condition
at the bolt hole edge has a negative influence on the fatigue life of aluminium [27],
but the influence of a cyclically applied biaxial bearing load state is not understood
as well. Another issue is that the high peak loads are commonly eliminated from
verification testing of metallic structure, since they may improve the fatigue life,
while the opposite applies for composites. Up to now, the effects of single spectrum
overloads on the composite fatigue life have not been considered in this work but are
planned as a future topic of research. It is a straight forward matter to evaluate
the significance of the overloads by the models presented in this thesis. If the
overloads turn out to have a significant deleterious effect on the composite life,
then the question arises how they should be accounted for in verification testing of
hybrid structures without favouring the aluminium.

The modelling work on quasi-static failure has so far been related to the bearing
failure mode only. A combination of bearing and by-pass load, and possibly in-
cluding secondary bending, is however a more common situation and needs to be
studied in order to further verify the predictive capability of the model. The same
holds for the predictive capability of the fatigue model and the force-displacement
relation in the structural line elements.

A large part of the remaining research project work is related to the testing of the
wing box structure and evaluation of the associated results. The main focus will
be directed towards identifying the critical failure mechanisms in different parts of
the structure, and relating those to the results obtained from simulations.
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Paper I

Conceptual studies of a composite-aluminium hybrid wing box demon-
strator

The paper presents a conceptual study of two different hybrid composite-aluminium
designs of a wing box structure. The structure is designed given the thermal and
mechanical loads and with respect to the strength, fatigue and stability require-
ments currently used in the aircraft industry. The overall structural response is
evaluated, as well as the local and structural failure modes and the resulting masses
of the two concepts are compared. Further, the requirements concerning allowable
strains, allowable buckling load and given thermal loads are modified and another
comparison is preformed between the two concepts for the new requirement set.
The influence on the final mass is studied and one of the concepts is chosen to be
used in a test.

Paper II

Finite element modelling of mechanically fastened composite-aluminium
joints in aircraft structures

Detailed FE-modelling of structures including many fasteners tends to be compu-
tationally expensive. In this paper, a method is presented in which the local force-
displacement response of a hybrid composite-aluminium joint is extracted from a
detailed model and assigned to structural elements representing the fasteners in a
global structural model. The local model includes progressive damage failure of the
composite and metal plasticity. The method is demonstrated on a hybrid wing box
structure exposed to thermal and mechanical loading, where the load distribution
and the progressive fastener failure is studied. The initial joint stiffness predicted
with the local models agreed well with the existing semi-empirical stiffness esti-
mations. At a higher load level, the force-displacement curve deflects from linear
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due to the composite damage and aluminium plasticity. Simulations show that
the fastener load distribution at high load levels is affected by this and that linear
fastener models produce inaccurate results. The thermally induced fastener loads,
due to the difference in the expansion properties of aluminium and composite, were
considerable.

Paper III

Quasi-static bearing failure of CFRP composite in biaxially loaded
bolted joints

This paper presents an experimental and numerical investigation of the quasi-static
bearing failure of the composite in a hybrid bolted joint. The experiments were
performed on two-bolt specimens at 90◦C in uniaxial and biaxial loading. A specifi-
cally designed test rig was used to apply the biaxial load. The characteristics of the
bearing failure were studied by an optical microscope and fibre kinking was iden-
tified as the main failure mechanism, although matrix cracking and delaminations
were also observed. The experiments were simulated by the FE-analyses, where
the intralaminar and interlaminar failure were included, and a good correlation to
the experimental results was obtained. The same maximum resultant bearing load
was seen in both the uniaxial and biaxial loading.

Paper IV

Fatigue bearing failure of CFRP composite in biaxially loaded bolted
joints at elevated temperature

The same experimental setup and the same type of specimen as in Paper III were
used for testing at constant amplitude loading. A microscopy study of the bearing
plane surface showed a development of matrix cracks and fibre-matrix debonding,
followed by ply fracture and delamination. A significant compliance increase was
observed during the cycling, as a result of the damage progression. A fatigue life
prediction model, based on matrix cracking as the driving failure mechanism, was
implemented in an FE-program and used to simulate the test results. It was found
that the biaxial loading resulted in a longer fatigue life than the uniaxial loading
for the same resultant peak bolt load. The explanation was the smaller effective
stress range in the biaxial case.
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Paper V

Fatigue bearing failure of CFRP composite in bolted joints exposed
to biaxial variable amplitude loading at elevated temperature

Variable amplitude loading, with a standard wing bending spectrum was applied in
the same test rig and to the same specimen type as in Paper III and Paper IV.
The fatigue prediction model developed in Paper IV was modified to include the
effects of the variable amplitude loading. Both the experiments and the simulations
indicate, as in Paper IV, that the biaxial loading results in a longer fatigue life
than the uniaxial loading for the same resultant maximum peak bolt load. However,
large scatter was observed in the data. Predictions using Miner’s accumulative
damage rule turned out to give unconservative results.
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